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FOREWORD

This Symposium dealt with current work on the prediction and measurement in
detail of the performance of subsonic, transonic and supersonic aircraft where integrated
effects of aerodynamics and propulsion are involved. The objectives were an up-dating
of research information on airframe/propulsion interference effects, discussion of these
effects in rvelation to practical problems in the design of combat and transport aircraft,
and identification of gaps in the present knowledge and understanding of the fluid flow
phenomena of inlet, airframe, propulsion and nozzle combinations which should be taken
into account in future research programmes.

The Symposium included a presentation of results by a joint PEP/FDP Working Group
on Nozzle Testing Techniques in Transonic Flow, but these will be reported separately in
an AGARDograph and are not included in these Proceedings. A Round Table Discussion,
initiated by invited experts, concluded the Symposium and this is reported here.

The Symposium was held at the Palazzo Aeronautica, Rome, at the invitation of the
[talian National Delegates to AGARD.
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PROBL.EMES D'INTERACTIONS ENTRE LA PRISE D'AIR ET L'AVION
par Jacky LEYNAERT*

Office Nutional d'Etudes et de Recherches Aérospatiales (ONERA)
92320 Chétillon (France)

Résumé

La définition des termes d'interaction entre la prise d'air et I'avion, et les voies théoriques et expérimentales suivies pour traiter
le probléme en subsonique et en supersonique sont rappelées.

Quelques exemples d'influence d'un écoulement non uniforme sur le fonctionnement d'une prise d'air supersonique, et d'adaptation
de la prise d'air & ce champ, notamment en vol avec incidence ou dérapage, sont ensuite précisés.

INTAKE-AIRFRAME INTERACTION PROBLEMS

Abstract

The definition of the iat eraction terms between the air intake and the airframe, and the theoretical and exj erimental tools used to
study the problem for subsonic or supersonic aircraft are presented.

Some examples of the influence of a non-uniform upst ream flow on the intemal flow characteristics of supersonic intakes are given,
and some means of adjusting the inlet to a non-uniform flow, mainly for flight with incidence or yaw, are analysed,

Ilatroduction

Les moteurs actuels des avions subsoniques nécessitent des fuseaux de grande dimension dont I'adaptation i la cellule constitue
un probléme majeur en aérodynamique. Si I'utilisation de moteurs double flux a taux de dilution appréciable était envisagée pour les avions
super soniques, en vue notamment de réduire le bruit, I'importance, déja capitale pour ces avions, des études de prises d'air, d'arriére-
corps, etd'intégration de |'ensemble de propulsion, en serait encore accentuée.

Une définition des termes d'int eraction entre les éléments de cet ensemble et I'avion sera d'abord proposée.
Les calculs et méthodes d'essai concernant |' installation des fuseaux moteurs d'avion subsonique seront ensuite rappelés, et
quelques remarques préciseront le probléme des prises d'air a proximité du sol. .
i
Les études de champ aérodynamique et d'interaction en supersonique seront enfin mentionnées, et des indications particuliéres

seront données sur 1'adaptation d'une prise d'air bidimensionnelle placée sous une voilure, en tenant compte notamment des effet s du
dérapage.

Bilan d'installation des moteurs

Pour établir le bilan de |'installation des moteurs a une altitude de vol cta un nombre de Mach donnés et préciser les termes
d'interaction, il est nécessaire de tenir compte des effets de portance et de moment. On supposera pou: cela qu'une configuration de

l'avion non motorisé ou planeur a été définie, et que sa polaire équilibrée est donnée, le poids ct l¢ centre de gravité étant ceux de
l'avion complet.

Soit P le point de cette polaire dont la portance Z équilibre le poids de I'avion complet. Au voisinage de P la polaire sera assimilée
A sa tangente de pente AX/AE:‘B& (fig. 1).

Soit P' le point de la méme polaire qui correspond a I'incidence de vol en palier de 1'avion complet. La différence de portance A Z du
plancur de P' a P représente la portance de l'installation motrice,

La trainée en P', trainée du planeur a I'incidence de vol, est égale par définition a la poussée F de l'installation motrice, Sans
portance A Z, l'incidence de vol de I'avion scrait celle du point P ; le supplément de trainée correspondant, AX = A Z g€ , que
permet d'éviter la portance du fuseau, sera prise en compte en désignant par poussée corrigée Fc de l'installation motrice [a somme
Fc=F + AZ tg€ . (Cette poussée corrigée est égale a la trainée du plancur en P, ce qui la définit direct ement).

* Chef de Division d' Aérodynamique Appliquée.
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Si I'installation motrice est analysée en plusieurs éléments, tout élément i donnant une contribution AZ; 2 la portance sera
de mdme affecté d'une correction de poussée AZjtg & comme indiqué sur la figure 2 ; la somme de ces deux éléments (positifs ou
négatifs selon qu'il s'agit de termes de poussée ou de trainée) restituera ainsi Fc.

On notera que la portance et la tralnée dues & 1'équilibrage d'un moment éventuel doivent &tre comprises dans la définition de
chaque terme élémentaire, comme elles le sont dans F.

Le moteur présente des caractéristiques nominales définies par le motoriste, pour des efficacités nominales de prises d'air et de
tuydres données. Si ce mot eur est supposé ajouté sans interaction au planeur précédent, on montre aisément que l'installation optimale,
du point de vue propulsif, consiste & dévier le jet vers le bas d'un angleolj = & : soit 9,V la poussée du jet supposé adapté a la

pression p o, ; le jet étant dévié de & j, la portance A Zj = q, V. sine{ j permet une réduction de trafnée A Zz%& , mais la perte
de poussée vaut qui (1- cos®kj) ; la différence, qui (sinokjeg€ - 1 + cosokj), est bien maximale poure{j = &7,

La poussée corrigée du jet, qui(coso\j + sindjtg& ), est dans ce cas égale & qc':’_\g. , d'olt la poussée nominale corrigée du

= 9wV .
Fy = - fig. 3).
moteur Ne™ st ‘lm.,v., (fig. 3)

La différence Fy . - F( représente par définition la perte de poussée de l'installation, qui inclut les termes d'interaction. Pour
faire apparaitre ceux-gi, la perte de poussée sera analysée en pertes internes et trainées e xt emes (fig. 4).

Les pertes internes comportent notamment :
b sl =

- des termes de tralnée : pidges & couche limite interne, dérivation du moteur, prises de débit auxiliaires, fuite par défaut d'étanchéité...

- des pertes de poussée, dues 2 une inclinaison non optimale du jet, et & des efficacités de tuyére et de prise d'air inféricures a leurs

valeurs nominales

- la trainée d'équilibrage des forces int emes

La trafnée externe comprend de méme (fig. 5) :
- la crafnée d'un déviateur de couche-limite & 1'amont de la prise d'air,
- la crafnée de caréne de la prise d'air
- la trafnée additive (la prise d'air étant supposée capt er son débit maximum)

- la trainée de refoulement d'un excédent de débic par la prise d'air, lorsqu'elle ne fonctionne pas 4 son débit maximum

| - des trainées diverses : mits, supports...
| - la tralnée d'arriére-corps (trainée de r etreint, de passages auxiliaires, de culot)

- la trafnée d'interaction.

La tralnée d'interaction représente par conséquent la différence (positive ou négative) entre la poussée nominale corrigée du moteur
et la poussée corrigée de 1'installation motrice, déduction faite des pertes de poussée int eme et des trainées propres des différents
éléments de la motorisation, tous ces termes étant pris au sens corrigé défini plus haut.

La recherche d'un terme d'interaction optimisé est un élément important des études d'installation des moteurs sur les avions. Dans
cette recherche, il faut évidemruent considérer que les différents termes énumérés ne sont pas indépendants entre eux ; A partir d'une
premiére étude de définition, il sera par exemple préférable pour des calculs d'optimisation de choisir comme polaire de référence celle
d'un planeur équipé du fuseau choisi en premiére approximation, afin de mieux découpler les termes de trainée propre et de trainée d'inter-
action. De plus, a'autres éléments int erviennent (poids, encombrement, ...) et tous sont A juger sur I'ensemble de la mission. La démarche

proposée peut néanmoins servir de guide, et orienter les compromis nécessaires. Les aspects plus généravx du probléme sont traités par

exemple en références (2] et [3].

Installation des moteurs des avions subsoniques

Le choix de la configuration générale de I' installation : mot eurs a 1' arri¢re, sur 'aile, ..., repose sur diverses considérations dont
certaines ne sont qu'indirectement liées a l'aérodynamique, comme par exemple le probléme d'équilibrage compte tenu des déplacements
du cent re de gravité sur les avions a grand nombre de passagers, le flottement des structures, le bruit, lc garde au sol, I'accessibilité
des moteurs, etc... quelques unes de ces questions sont exposées par exemple en références [ 4] et [5].

Du point de vue aérodynamique, la régle élémentaire de la loi des aires sert encore souvent de base a la définition de l'installation
des fuseaux- moteurs ([4 4 7]).

Dans le cas de fuseaux moteurs solidaires de la voilure, 1'étude d'une répartition de portance elliptique, compte tenu des fuseaux,
pour obtenir la trainée induite minimale, peut orienter la définition de I'ensemble aile + fuseau [8].

(*) On rectifiera, selon ce schéma, une erreur dans la définition de I'orientation optimale du jet et de Tn dans 'article "Engine
installation aerodynamics" du document AGARD LS 67 "prediction methods for aircraft aerodynamic characteristics (1974)".
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Les grandes lignes de I'installation d=s moteurs étant fixécs, le calcul du champ d'int eraction et de I'écoulement local autour
d'une forme de fuseau moteur donnée permet de relever les zones de fort es survitesses ou de gradients de pression élevées, et, par
des retouches successives, d'optimiser la configuration choisie [9}, [10).

Les méthodes de calcul tridimensionnelles ne permettent encore pratiquement que de traicer 1'écoulement incompressible, ou
1'écoulement compressible par la cransformation de Prandtl-Glauert ; on peut espérer que dans un proche avenir les travaux en cours
permett ront d'étendre ces calculs au transsonique.

La figure 6 de G.N. Bowes {11] montre une étude d'optimisation de la portance compte tenu des fuseaux selon J.L. Lundry [8], et
reproduit un champ de vitesse tracé autour du mt support d'un ensemble aile-mat-nacelle optimisé. La portance latérale du mde, que
traduit ce champ dc vitesse, est une condition qui résulte dv calcul d'optimisation de la trafnée induite, par une distribution conve-
nable de la portance en envergure.

L'étude expérimentale des interactions ent re les fuseaux moteurs et I'avion est effectuée a I'aide de maquettes munies de fuseaux
emotoriséss. Les dispositifs actuels ne permettent généralement pas une représentation simultanée des débits captés et des jets.
Une solution trés approchée consiste a équiper le fuseau d'une soufflante miniaturisée entrainée par une turbine A air comprimé ; dans
ce cas I'écart des coefficients de débit captés entre la maquette et le fuseau réel est peu élevé,

Le systdme de t rompe représenté figure 7 permet également une simulation acceptable des jets ; pour minimiser l'influence d'une
insuffisance du débit capté, on peut, danc ce cas, prévoir d'adapter la section d'entrée et la forme avant du fuseau au débit de la
magquette, de facon A conserver autour du carénage un écoulement sans sur vitesse excessive.

Effet de sol
Un point particulier des études expérimentales d'int eractions concernant les fuseaux subsoniques est celui de I'effet de sol.

Au point fixe, la couche limite au sol induite par 1'aspiration de la prise d'air forme un tourbillon qui dégrade I'écoulement interne
le long du profil inférieur (fig. 8).

Lorsque la couche limite au sol est amplifiée par un vent frontal ou transversal, le tourbillon prend d'abord une importance accrue,
avant d'@tre «soufflés. La distorsion de I'écoulement interne passe ainsi par un maximum, et présente le profil de pression d'arrét
reproduit sur la figure.

Lorsqu'il s'agit du roulement au sol, sans vent,cette couche limite est inexistante, et le tourbillon ne peut se former. La simulation
en soufflerie de 1'effet de sol au décollage nécessite par conséquent la présence d'une paroi sans couche-limite. Ceci est confirmé par
la visualisation de 1'écoulement effectuée au tunnel hydrodynamique avec paroi fixe, et avec paroi mobile (méthode du «tapis roulant»)
(figure B) : le tourbillon disparait dans le second cas. Le méme résultat pourrait sans doute &tre obtenu par un soufflage de la couche-
limite de plancher, méthode plus simple & mettre en ceuvre qu'une paroi mobile.

Au point fixe avec vent, un autre paramdtre que la couche limite au sol A prendre en considération est le gradient horizontal de
vent : ce gradient favorise et intensifie la formacion du tourbillon, dans le sens préférentiel correspondant. La figure 9, selon
D.E. Glenny {12}, montre I'influence du «Nombre de Rossbys», Ro, qui caractérise 'inverse du gradient de vent. L'intensité du tourbillon
est ici repérée par la limit e d'ingestion par I'entrée d'air de billes calibrées posées au sol. La courbe tracée montre que, pour un
débit d'entrée donné, caractérisé par une vitesse V,, le tourbillon n'est soufflé que pour une vitesse de vent V. plus élevée lorsque le

nombre de Rossby diminue, c'est-a-dire lorsque le gradient de vent augmente. Une limite inférieure d'ingestion est indiquée, 2 vitesse de
vent quasi nulle ; elle montre que, dans ce cas, le tour billon formé au sol en l'absence de vent est d'intensité suffisamment réduite pour
qu'il n'y ait plus d'ingestion.

Des résultats théoriques et expérimentaux relatifs a la formation et A I'int ensité du tourbillon sont également reportés référence [13].

Int eractions prises d'air-avion en supersonique

Dans la définition des prises d'air en supersonique se pose en premier lieu, comme en subsonique, le chois. de la configuration
générale de I' avion et de l'installation des moteurs.

Sur les avions de grande dimension, il est ginéralement possible de placer les prises d'air a4 1'intrados des ailes, pour profiter de la
compression pratiquement isent ropique de 1'écoulement par la voilure. Des fuseaux de section rectangulaire, profilés de telle sorte que
leurs faces latérales épousent la forme des lignes de courant d'intrados, présent ent I'intérée de ne pas induire par ces flancs de trafnée
d'onde parasite. Les lignes générales des fuseaux « Concorde» répondent a cette conception (figure 10a). Lorsque les flancs s'écartent
d'une telle orientation, un calcul des t ermes d'interaction entre le fuseau et la voilure peut &tre effectuée par une méthode d'écoulement
supersonique linéarisée pour en optimiser les effets.

Des fuseaux de révolution placés vers la partie arriére, A I'intrados de la voilure, bénéficient d'une compensation entre la détente
locale induite par la courbure de la voilure, et la compression de I'écoulement par le carénage avant du fuseau ; le champ résultant
permet par ailleurs de réduire la trainée induite de I'aile par un effet de portance locale favorable [14]. Le bilan des termes d'interaction
reporté figure 10b d'aprés A. Sigalla et T. 'lallstaff [15] est dans ce cas nettement positif.

Sur les avions militaires, les prises 4'air sont directement tributaires du champ du fuselage avant, qu'elles soient accolées au fuse-
lage pour bénéficier d'une structure bien intégrée et d'une protection en dérapage par le champ local, ou séparées pour former deux
fuseaux distincts, de trainées d'arriére corps plus favorables, Danc chaque cas, la définition du fuselage est alors essentielle par son
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influence sur le fonctionnement des prises d'air aux différentes configurations de vol de 1'avion {16, 17,

Calcul du champ du fuselage

Le colcul par la théorie des caractéristiques semi linéarisées autour d'un écoulement initial Jde révolution ne semble pas suffisant
pour conner u~e description satisfaisante du champ du fuselage lorsquc l'incidence dépasse quelques degrés si 1'on en juge par les
comparaisons reportées figure 11, selon P. Antonatos, L. Surber, D. Stava {17}.

La méthode des caractéristiques en écoulement tridimensionne! est actuellement développée pour traiter ce probléme en fluide

parfait.

La méthode de Babenko,..., [18] permet de calculer par tranches successives I'écoulement derriére une nappe de choc unique ; un
résultat de calcul obtenu par cette méthode & M = 6 sur un fuselage de type ogive-cylindre en incidence est reporté figure 12 a ticre
d'illustration. Le champ calculé sur la partie avant du fuselage est identique au champ réel, comme le montre la colncidence du choc
calculé avec le choc visualisé par la strioscopie. Des difficultés numériques apparaissent plus en aval, en raison des nombres de
Mach trés élevés calculés a la surface du cylindre dans ce cas particulier. L'expérience montre que ces zones localisées de trés
faibles pressions correspondent en réalité a 1'établissement de tourbillons visqueux d'intr.dos.

Une méthode plus élaborée de calcul en fluide visqueux autour d'un corps élancé est illustrée figure 13, selon L. Walier, J. Trulio,
L. King [19]. Les auteurs notent que le calcul, effectué selon les équations de Navier-Stokes , pourrait &tre adapté au cas d'une viscosité
turbulente ; la condition de paroi retenue est une vitesse tangente a la surface, et de composante nulle dans le plan de coupe normal a
I'axe de I'avion. Cette hypothése permet un calcul découplé, par tranches successives.

La méthode permet de faire apparaitre les tourbillons que forme la couche limite d'un fuselage en incidence, 1'effet visqueux trans-
versal étant déterminant dans ce type d'écoulement. Appliquée au cas d'un fuselage avec cockpit (fig. 13) elle donne une bonne représen-
tation de I'écoulement sur b partic avant du fuselage, mais l'interaction du choc de cockpit avec la couche limite, qui est un effet
visqueux longitudinal, ne peut étre prise en compte par le calcul, ce qui expliquerait 1'écart avec |'expérience au voisinage et en aval

de ce choc,

L'ensemble de ces résultats montre que si les méthodes de calcul actuelles permet tent une prévision satisfaisante du champ super-
sonique du fuselage pour diverses configurations élancées, la mise au point de méthodus plus élaborées est nécessaire pour des confi-
gurctions complexes peu profilées, du type fuselage avec cockpit, dont I'énde reste encore exr.érimentale.

Adaptation de la prise d'air au champ local

La configuration générale de la prise d'air et le champ local en amont de I'entrée étant donnés, 1'étude peut se poursuivre par la
recherche d'une adaptation de la prise d'air & ce champ local.

Un exemple de champ moyen d'écoulement devant une entrée d'air placée sous une voilure élancée, en incidence, est présenté
figure 14. L 'intrados se caractérise par une divergence des lignes de courant, et par une réduction 'es nombres de Mach locaux quand on
s'écarte du fuselage vers lc bord d'attaque de l'aile.

Une premiére adaptation consiste a rechercher l'orientation optimale d'une prise d'air donnée, dans ce champ. Dans le cas d'une
prise d'air bidimensionnelle, les essais ont conduit 3 donner A I'entrée un dérapage un peu supérieur au dérapage moyen des lignes de
courant. Ce dérapage accentué permet en effet de comprimer davantage 1'écoulement au nombre de Mach le plus élevé qui attaque le
flanc le plus proche du fuselage ; I'optimum, du point de vue éfficacité et uniformité de I' écculement interne, est atreint lorsque 'on
obtient des nombres de Mach internes 4 peu prés égaux sur chaque flanc. Dans ces conditions, !'entrée d'air offre pratiquement les
mémes performances qu'en écoulement uniforme. Sa sensibilité au dérapage est toutefvisassez différente, et nettement dissymétrique.
Les cemparaisons avec les essais en écoulement uniforme montrent en effet que le comportement d'ensemble de la prise d'air en

dérapage est dominé par 1'écoulement local au droit du flanc dont laface externe est face au vent,

Ce comportement est résumé ci-aprés, sclon une étude plus compléte reportée en référence [20).

Adaptation de la prise d'air au dérapage

Les figures 15a et 15b représentent  I'effet de contournement du flanc latéral observé en dérapage. Le bord d'attaque du
flanc, situé derri¢re la nappe de choc engeidrée par le diedre amont de la prise d'air, est subsonique ; le contournement de ce bord
d'attaque par I'écoulement transversal forme alors un tourbillon attaché, analogue au tourbillon d'intrados d'une aile delta a bords
vifs attaquée en incidence. La nappe tourbillonnaire qui en résulte est évidemment néfast ¢ A 1'écoulement interne.

Comme indiqué sut la figure, une éctancrure du flanc est un moyen simple d'adaptation au champ loczl ; ure telle découpe provoque
en effet une déviation locale des lignes de courant vers I'extéricur du flanc, dans un scns qui s'oppose au dérapage, ce qui permet

d'éviter la formation du tourbillon,

Un second effet du dérapage résulte de I'inclinaison locale plus prononcée de la nappe de choc attachée au diédre amont. Cet effet
sc comprend aisément quand le flanc a une forme d'étrave qui s'avance en amont de 'entrée (fig. 15c¢) : 1'écoulement latéral incident est
dévié suivant la face interne du flanc par une détente supersonique analogue a une détent e de Prandtl-Mcyer, ct les nombres de Mach
prés du flanc sont plus élevés, d'ot un choc attaché au diéd-e amont plus incliné localement. Lorsque le flanc n'est pas débordant
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(bord d'attaque subsonique rectiligne ou échancré), un effet moins élémentaire & concevoir mais de méme sens général se produit
également. Si cette détente provoquée par le dérapage a pour effet de faire pénétrer la nappe de choc a l'intérieur de la caréne, selon
la figurs 15c, il en résulte une interaction forte avec la couche limite interne initiale d'od une dégradation de la pression d'arrée
locale et un épaississement de la couche limite susceptible de conduire & un décollement int erne, Dans le cas d'une prise d'air du
type représenté sur la figure, congue de fagon & permettre un diffuseur subsonique assez court, ce décollement apparait le long de
la caréne au niveau de I'entrée du diffuseur. Une aspiration de la couche limite & ce niveau permet alors d'éviter le décollement,

et contribue & améliorer de fagon trés sensible I'efficacité de 1a prise d'air et la distorsion de I'écoulement interne en dérapage.

Une autre solution consiste 4 découper localement le bord d'attaque de la caréne, de telle sorte qu'il reste en retrait de la nappe
de choc issue du diddre amont, lorsque la prise d'air est en dérapage (fig. 16). Cette solution se révéle efficace, mais elle conduit
a une trafnée additive non négligeable, et A une légére perce d'efficacité, A dérapage nul. Elle est par contre trés avantageuse lorsque
le flanc latéral forme une étrave débordante, car elle permet de dévier hors de la prise d'air le sillage d'un bulbe de décollement de la
couche limite du flanc, au point de convergence des chocs prés du bord d'attaque de ta caréne.

Les résultats d'essai d'une relle prise d'air munie en outre d'une aspiration de la couche limite a 1'entrée du diffuseur subsonique,
sont présentés sut la figure 16, et comparés & une configuration «de références, sans découpe ni aspiration. Le débit d'aspiration est
de I'ordre de 0,5% du débit total ; lenombre de mach M = 2,05 est pratiquement le nombre de Mach d'adaptation de la prise d'air. On
notera |'amélioration obtenue en efficacité et en distorsion ; (la limite de distorsion acceptable pour un moteur est del'ordre de

-DC60 ™ 0, 30).

Ces remarques sur le fonctionnement en dérapage permettent de montrer que des modifications mineures de la configuration dela
prise d'air donnent des différences notables de comportement dans un champ d'écoulement non uniforme, et qu'il est possible d'adapter
la géométrie pour tenir compte de ce champ. Les solutions indiquées présentent 1'avantage d'étre simples, mais d'autres solutions

telle qu'un diddre amont et une rampe de compression supersonique de pentes variables en envergure ont également donné des résvltats
favorables.

Le probléme est qu'on ne sait pas actuellement calculer les configurations d'écoulement du type indiqué figure 15c ; la prévision
de détachement du choc d'entrée, par exemple, qui conditionne le dessin de la caréne, n'est pas encore résolu en bidimensionnel, ni, i
a plus forte raison, en tridimensionnel.

11 faut donc recourir & une étude expérimentale qui n'est pas non plus exempte de difficultés lorsqu'il s'agit de définir des valeurs
sures d'efficacité et de coefficients de distorsion ; vu I'impor tance des effets de couche-limite, les essais doivent étre effectués a
des nombres de Reynolds représentatifs, et avec des maquettes trés précises assurant la conformité des profils de bord d'attaque, par

exemple. L'étude paramétrique nécessaire peut demander de ce fait des moyens importants et de longues périodes d'essais, avec tests
de fidélité et de précision.

Influence externe du fonctionnement de la prise d'air

L'adaptation de la prise d'air & son environnement n'est qu'un aspect des interactions prise d'air-avion. Un autre aspect est celui
de l'influence du fonctionnement de la prise d'air sur 'avion en général.

Cette influence peut résulter de phénomeénes de couplage en lacet par exemple entre les niodes propres de la trajectoire de I'avion
et la ponssée des moteurs, elle méme tributaire du systéme de réglage des prises d'air ; il s'agit alors davantage de problémes
d'intégration des différents systémes de contréle [21].

Un autre cas d'influence, qui est aussi généralement le plus sévére, est celui que représente le décrochage accidentel d'un compres-
seur ; ce décrochage provoque un refoulement de débit qui provoque vers 1'amont une onde de choc intense (¢hammer shocks), Comme le
phénoméne est pratiquement instantané, le choc remonte largement en amont de I'entrée d'air, avant que les dispositifs de décharge
usuels n'aient eu le temps ['‘ntervenir. Le pompage du moteur qui suit ce décrochage est également de grande amplitude. Un dispositif

pour étudier sur une magquette ies effet s de ce pompage est représenté figure 17, selon E. Carter [22], ainsi que des tracés de pressions
mesurées.

§

ky
Le dispositif comporte un papillon toumnant qui ferme alt ernativement le col sonique de sortie du fuseau ; le papillon est monté :’n
sur un axe creux injectant par une fente un contre-débit, dans la phase de fermet ure du col. Cet ensemble permet d'obtenir une méme k:‘,,
évolution des pressions internes qu'en casde pompage d'un moteur, comme ' indiquent les tracés comparés reportés sur la figure. Sur }%
ces tracés relatifs A deux prises d'air bidimensinnnellesplacées cite a cite et séparées par une étrave débordante, on remarquera que le :~§
pompage d'un moteur entraine A 1'instant du second cycle le début du pompage du moteur voisin, alors que dans des cas moins sévéres 5%
(pompage d'une prise d'air sans décrochage du moteur, par exemple) I'étrave permet d'éviter toute interaction. 6‘
Ces phénoménes soumettent 1'avion & des efforts instationnaires importants ; lorsque le choc émerge de 1' entrée et se propage contre 3

le flanc du fuselage ou a I'intrados de la voilure, le décollement de la couche limite pariétale par ce choc conduit & des zones d'interaction g
de grandes surfuces qui peuvent induire des moments considérables [17, 23], La figure 18 illustre le pompage a M=2 d'une prise d'air 2.5

semi circulaire distante de la paroi d'une hauteur de couche limite. Les deux phases extrémes d'un cycle de pompage sont présentées.
Dans la phase de refoulement du débit vers I'amont, ce débit alimente principalerent un décollement de la couche limite de paroi qui
s'étend trés en amont de |'entrée, comme le montre la visualisaiion. Les prises d'air bidimensionnelles dont les rampes de compression
supersonique externe sont accolées A la voilure permettent de limiter ce type d'interaction, du fait que le choc émerge du cdté de la
caréne, 2 I'opposé de la rampe, et par conséquent de la surface de l'aile,

3t
e o

R N 1T, e




1-6

Pour équilibrer les efforts subis par I'avion en cas de pompage, des dispositifs automatiques d’actions sur les gouvemes ou sur
les moteurs symétriques sont maintenant presque systématiquement installés sur les avions volant a plus de Mach 2{21] ; dans le cas
des prises d'air du Concorde, la solution retenue est par exemple une action sur la gouverne de direction qui s'oppose au dérapage et
au roulis en cas de panne d'un mot eur [24].

Séparation de deux entrées

Un probléme local d'interaction est celui déja mentionné d'une prise d'air sur une prise d'air voisine. Dans le cas de deux fuseaux
moteur s séparés, placés contre une voilure, une ailette verticale fixée sur l'aile entre les moteurs peut permettre d'éviter toute interaction
si 'écartement des moteurs est insuffisant par lui-méme. Cette ailette a pour effet notamment d'arréter 1'extension latérale du décollement
de la couche limite de 1a voilure provoqué par I'émergence du choc J'une entrée en pompage (23],

Lorsqu'il s'agit de deux prises d'air bidimensionnelles accolées, une étrave de séparation convenablement dimensionnée peut assurer
I'indépendance des deux prises d'air dans toutes les conditions, sauf éventuellement dans le cas d'un décrochage accidentel d'un moteur

wu régine manimum en sepersoniyes fleml, rumoe mensiomnd peieddeniient

A I'occasion d'unc: étude d'étraves de ce type, une remarque intéressante a pu étre faite qui rejoint le probléme d'influence d'un

écoulement non uniforme sur la prise d'air et qui est la suivante :

Lorsque 1'écrave débordante est une simple plaque plane, la couche limite qui se forme sur cette plaque et qui est fortement inter-
actionnée par les ondes de choc et les gradients de pression élevés dans la région d'entrée dela prise d'air conduit & une perte sensible
d'efficacité (fig. 19).

Lorsque la cloison forme un diddre qui comprime latéralement 1'écoulement d'entrée, cette compression supersonique supplémentaire
favorise au contraire I'efficacité, et compense I'effet de la couche limite, donnant méme parfois un résultac global plus favorable, comme

'indique la figure 19.

Par ailleurs, en utilisant cet effet de compression latéral, il s'est avéré possible de réduire 1égérement la compression par la rampe,
ainsi que la pente de la cardne qui est associée 2 la déviation de I'écoulement par la rampe, et qui détermine la trafnée ; ceci a été

obtenu tout en conservant la méme efficacité.

Cette orientation vers des formes plus tridimensionnelles permettant d'optimiser la prise d'air dans son bilan efficacité-trafnée
mériterait sans doute d'étre approfondie, malgré le poids d'une étude qui ne peut &tre actuellement qu'en majeur partie expérimentale.

Conclusions

Quelques problémes d'interactions prises d'air-avion et d'optimisation d'une prise d'air dans son environnement aérodynamique ont
été présentés. L'accent a été mis sur |' &ude locale des écoulements int eme et externe 4 I'entrée dela prise 'air, ce qui n'exclut pas
'importance de nombreuses autres questions qui n'ont pu &tre abordées, comme par exemple I'incidence des distorsions internes discutée
en référence [25].

Les exemples présentés font ressortir l'intérét des méthod=s théoriques actuellement développées pour calculer notamment 1'écoule-
ment potentiel du champ proche autour d'un avion transsonique, compte tenu des moteurs,ou encore 1'écoulement autour d'un fuselage
supersonique en incidence, comptr +tenu de la viscosité,

Ces exemples tendent toutefois en méme temps & dégager des problémes particuliers et des orientations nouvelles mettant en jeu des
configurations tridimensionnelles complexes dont la solution théorique ne semble pas devoir &tre prochainement accessible, et qui nécessi-
teront par conséquent la poursuite de recherches expérimentales trés élaborées.
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A CRITERION FOR PREDICTION OF AIRFRAME INTEGRATION EFFECTS
ON INLET STABILITY WITH APPLICATION TO
ADVANCED FIGHTER AIRCRAFT

by

Gordon R. Hall*
Northrop Corporation, Aircraft Division
3901 W. Broadway
Hawthorne, California 90250, USA

SUMMARY

A simple criterion for the prediction of the effccts of aircraft external flow field on installed inlet stability is
presented. Wind tunnel data obtained from model tests of an advanced fighter aircraft are used to provide a base for
discussion of installed inlet instability and to demonstrate the instability criterion. Specifically, two sources of
supersonic inlet instability are identified, the instability mechanism is discussed and an instability criterion is
defined, and application of the criterion 18 demonstrated. The sources of instability include ingestion of separated
fuselage boundary layer at high aircraft attitude and ingestion of a vortex generated by a wing leading edge extension
at negative attitude. A common stability criterion accounting for the effect of freestream Mach number, aircraft
attitude, and Inlet mass flow ratio Is postulated and confirmed by available data. This same criterion is discussed
in relation to observed cases of subsonic inlet instability and inlet instability resulting from slipstream ingestion.
Application of the criterion to evaluate the effects of configuration changes on inlet stability boundaries is demon-
strated.

1. INTRODUCTION

Past theories on the initiating mechanism of inlet buzz have focused upon isolated inlets operating in a uniform
approaching flow field. These theories can generally be categorized as self-excited buzz wherein the disturbing
force is an intrinsic property of the system oscillation and externally-excited buzz wherein the system oscillates in
response to an external disturbing force. Duct resonance theories (e.g., Ref. 1-3) constitute the bulk of the self-
excitation theories. Of the various exiernally-excited initiating mechanisms proposed, shock induced separation on
the inlet compression surface (e.g., Ref. 4) and slipstream ingestion at the inlet cowl causing internal separation
(e.g., Ref. 5) appear to be the most prominent origins of inlet buzz. However, neither of these mechanisms is
either a necessary or a sufficient condition to precipitate inlet buzz. In both cases, the amount of throat blockage,
or throttling effect, produced by the separated layers i{s an important factor in determining buzz initiation, the
throat blockage effect generally leading to the positive slope criterion of pressure recovery with mass flow thought
necessary for the self-regenerative oscillations of the buzz cycle.

In recent years, the requirement for high performance/highly maneuverable aircraft has typically led to close
integracion of the inlet into the airframe in order to minimize aircraft drag and attenuate flow angularity as seen by
the inle! at high aircraft attitudes. As a result, the inlet typically ingests a flow fieid which has generally been
processed by a fuselage forebody and wing. At high aircraft attitudes, the flow field captured by the inlet may be non-
uniform, either due to non-uniform compression of the inviscid stream and/or by thickening of upstream generated
boundary layers which may not be fully contained by boundary layer diversion systems at extreme aircraft attitudes,
Ingestion of regions of depressed oncoming flow by the inlet has recently been observed to cause inlet buzz. However,
documentation and analysis of inlet buzz induced by non-uniform approaching flow fields do not appear to have been
reported in the open literature,

Presented herein is a simple criterion relating inlet buzz to the characteristics of the flow field approaching
the inlet. Predictions of incipient buzz based on the criterion are shown to be in good agreement with test data in
accounting for the effects of inlet Mach number, aircraft attitude, and inlet mass flow ratio. Application of the
criterion could be a valuable link in the configuration development process of future fighter aircraft by providing
early identification of potential problems of inlet instability during preliminary flow field testing, thus allowing
timely modifications in terms of Inlet placement or aircraft configuration geometry upstream of the inlet.

2, MODEL TESTS

Much of the material presented is based on wind tunnel data from a 0.2 scale inlet/airframe model of an
advanced fighter aircraft. This model was tested in the Arnold Engincering Development Center (AEDC) 16T Wind
Tunnel over the Mach range Mo =0 to 1.55 and in the AEDC 16S Wind Tunnel over the Mach range M0 =1.6t02,2,

Figure 1 is a conceptual drawing of the 0.2 scale inlet/airframe model. The major elements of this model
Include a fuselage forebody and two side-mouwated D-shape external compression inlets located in the flow field of the
wing and forebody. Fuselage boundary layer diversion was achieved by both upward and downward deflection of the
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approaching boundary layer. The upward diverted boundary layer was ducted through a slot in the wing leading edge
extension (LEX), The Inlets were fixed geometry with a single 7* comnression ramp, DBoundary layer control at
supersonic Mach numbers was provided by compression ramp surface bleed ups.ream of, and through, the pressure
rise corresponding to the inlet terminal shockwave,

The left inlet of the model was Instrumented for steady state and dynamic performance at the compressor
face. In addition, forward instrumentation was provided for upstiream fiow diagnostics. 'rhe forward instrumenta-
tion included inlet throat static pressure taps and boundary : ‘yer rakes and con:pression ramp static pressure taps.
Inlet flow fleld was measured with total pressure rakes at the compression ramp leading edge of the right inlet.

In addition to data from the 0.2 scale inlet/airframe model, supporting data are provided from component
tests of a 0.2 scale isolated inlet model and an . 07 scale flow field model (without inlets) tested in Northrop's
Supersonic 2 X 2 foot wind tunnel at M, = 2.0. Theee component models were similar in geometry to the correspond-
ing components of the 0.2 scale inlet/airframe model.

3. STABLE OPERATION

Before proceeding with the discussion of inlet instability, it is Instructive to comment briefly on the character-
istica of the flow uver the Inlet when operating in the sia®de mode With suffivlen surface bsad e pompiress lon
ramp shock/boundary layer interaction was weli controlled, resulting in inviscid shock system pressure recovery
and low total pressure distortion at the inlet throat. Nominal surface bleed required to achieve this result was only
about three percent of inlet airflow, This result is particularly significant considering the strength of the terminal
shock (i.e., M~2 normal shock) downstream of the relatively modest oblique leading edge shock produced by the
fixed 7° compression ramp. Successful control of the strong terminal shock boundary layer interaction is attributed
to the rather sophisticated design of the compression ramp boundary layer bleed system,

Without surface bleed, or with reduced surface bleed, massive shock induced separation prevailed above
about M, =1.5. Operation with this massive shock induced separation was found to be stable provided the inlet mass
flow ratio was above a critical level (to be discussed later in more detail).

Figures 2 through 4 compare the characteristics of the flow over the compression ramp at My = 2, 0 with
nominal and reduced surface bleed under conditions of stable operation. The data for these figures were taken from
model tests of the 0,2 scale isolated Inlet model tested at Mgy = 2.0 in the Northrop 2 X 2 foot wind tunnel. These
data were selected because of the avallahility of Schlieren data, which were not obtained with the 0.2 scale inlet/
airframe model. The pressure data, however, are representative of data obtained with the 0.2 scale inlet/airframe
model operating at similar conditions.

Figure 2 clearly shows the stable separated region, and the separation shock assocfated with turning of the
supersonic flow outside of the separated region, when the surface bleed is insufficient to prevent separation. With
nominal surface bleed, no evidence of separation is apparent, although the Mach waves associated with the surface
"'roughness’' presented by the bleed sectiun are observed.

Figure 3 shows the corresponding static pressure distributions along the ramp centerline. For the separated
flow case, the static pressure rise is smeared, increasing to a terminal level about twice that of the upstream level
which, incidently, is in excellent agreement with the separation pressure rise correlations of Reference 6. For the
attached flow case, the pressure rise corresponding to the normal shock is sharp, and the downstream pressure
level is near the ideal value.

Figure 4 shows total pressure contours measured at the inlet throat. For the attached flow case, the total
pressure is essentially uniform at about the ideal level. For the separated flow case, the total pressure is, of
course, highly distorted. The high recovery in the central region reflects compression turning of the outer flow by
the separated region (Figure 2) with an associated reduction in the strength of the terminal shock. Near the cowl,
the flow is unaffected by the separation on the ramp, and the total pressure level in this region is similar to that for
the attached case. Although the total pressure distortion at the inlet throat is extremely high, it is of interest to note
that the average pressure recovery measured at the compressor face for the separated case is only about five per-
cent lower than for the aitached case. However, the measured turbulence levels were amplified several times. It
is also of interest to note that high static pressure gradients exist across the inlet throat for the separated case in
that the outboard region corresponds to the ideal static pressure behind the normal shock (P/PTOzO. 6), while the
compression ramp static pressures as seen in Figure 3 arc at a level of P/Ppqg=. 36.

4. STABILITY BOUNDARIES

During tests of the 0.2 scale inlet/airframe model in the AEDC 168 wind tunnel (Mg =1.6to 2.2), certain
phenomena causing inlet buzz* were identified. These phenomena, while changing in intensity and thus affectir ; the

*Inlet buzz was detected by monitoring the instantaneous space average compressor face total pressure on an
oscilloscope. Buzz was typically characterized by a rather sudden onset of high amplitude discrete frequency
pressure oscillations which occurred during a continuous change in inlet operating conditions. Superimposed
on the discrete frequency pressure oscillations was a lower amplitude broadband turbulence.



inciplent conditions of angle of attack (o), angle of sideslip (), and inlet mass flow ratio under which inlet buzz
occurred, did not change in their fundamental characteristics over the Mach range. As a result, the discussion
which follows generally applies over the Mach range investigated, although selected Mach numbers are used to
illustrate the various points of discussion.

Figures 5 and 6 show inlet stability boundaries measured at Mg = 2. 0, Inlet attitude capability (Figure 5)
was found to be limited by two separately identifiable boundaries. These two boundaries were found to correspond
to: (1) separation of the fuselage boundary layer ahead of the inlet at high angle of attack caused by impingement
of the LEX shock on the boundary layer; and (2) a vortex generated by the LEX at negative lift conditions correspond-
ing to negative angle of attack. Ingestion of viscous flow by the inlet was common to each of the destabillzing
phenomena. Due to the magnitude of the viscous region ingested (and the location in the case of the wing glove
vnrtex), variation in compression ramp boundary layer bleed was found to have negligible effect upon the stability
boundaries,

The stability boundaries of Figure 5§ correspond to maximum power airflow. Shown in Figure 6 is the effect
of mass flow ratio (MFR) on inlet stability. In the primary a maneuvering range, the stability limit was found to be
essentlally constant, with good stability margin exhibited with respect to maximum power and idle airflow levels.
Within this same ra:nge of a, the inlet capture streamtube was found to be virtually void of significant visc ous flow.

The lower limit of stable MFR in the primary a maneuvering range was found to be governed by the forward
extent of the compression surface bleed section; change in the forward extent of the bleed section was found to pro-
vide a lower stable MFR in a 1:1 relationship between the shift in forward extent of the bleed region and shift in the
shock position with MFR. That is, inlet buzz was encountered under the condition of insufficient boundary layer
bleed upstream of the terminal shock (thus fixing the forward most stable position of the terminal shock with respect
to the leading edge of the bleed section), rather than by any inherent destabilization mechanism arising from the
geometric relationship of shock position with respect to the inlet surfaces and inlet face. The critical amount of
upstream bleed was found to be about one percent of the inlet flow, which corresponded to removal of somewhat less
than the entire boundary layer.

It is of interest to note that, while insufficient compression surface bleed at low MFR led to inlet buzz,
insufficient bleed at high MFR produced a stable shock induced separated region as discussed earlier (Figure 2).
This difference is attributed to the increased throat blockage caused by the separated layer at lower MFR., That
is, as the MFR is reduced, the separation origin moves upstream on the ramp and the separation thickness at the
inlet throat increases, eventually reaching a critical value sufficient to tnitiate inlet buzz. This s illustrated
schematically in Figure 7. Throat blockage greater than the critical value apparently corresponds to the positive
slope criterion of pressure recovery with MFR thought necessary for the self-regenerative oscillations of the buzz
cycle (e.g., Ref. 4), The difference in stability characteristics at high and low MFR is not due to slipstream
ingestion at the outer cow! at low MFR (which is a well documented source of inlet buzz): based on Schlieren data
from the 0.2 scale isolated inlet model tests, the slipstream generated by the intersection of the compression ramp
leading edge shock with the terminal shock was not ingested by the inlet at any MFR.

At the a extremes of Figure 6, the viscous inlet flow field effects identified previously come into play. When
these effects are prevalent, the stable angle of attack boundaries increase with increasing MFR, The re¢ason for
this is that the inlet throat static pressure decreases with increasing mass flow ratio, thus allowing the inlet to
accept greater depressions in the external inlet flow field without destabilization. This statement will be elaborated
upon in a later discussion of the destabilizing mechanism associated with depressions in the inlet flow field.

5. APPROACHING FLOW FIELD

Figure 8 shows the inlet total pressure field (corrected for shock loss) measured at the leading edge of the
compression ramp for /8 conditions corresponding to the stable region and two buzz regions of Figure 5. Figure
8a shows a typical low attitude inlet flow field within the stable operating region of the inlet. The flow is well
behaved and characterized by a fuselage boundary layer which is confined to the boundary layer diversion region
hetween the fuselage and the compression ramp. The remainder of the flow field (i.e., inlet capture streamtube)
is essentially uniform at freestream tctal pressure,

In contrast, Figures 8b and 8c show inlet flow field conditions corresponding to the two previously disc'-sed
regions of inlet buzz of Figure 5. These flow fields are characterized by relatively large regions of viscous flow
(i.e., regions of high gradients in total pressure) which lie within the inlet capture streamtube. Although both of
the flow fields of Figures 8b and 8c originate from different upstream phenomena, commonality exists in that both
have a reduced total pressure region within the inlet capture streamtube and both resulted in inlet buzz, The
association of reduced upstream total pressure with inlet instability is considered further in Figure 9.

6. INSTABILITY CRITERION

Figure 9 presents an inlet instability criterion that is related to the deficit in total pressure of the upstream
flow field intercepted by the inlet. A typical static pressure distribution along the ramp of an external compression
inlet is shown in Figure 9a. The function of the compression ramp I8 to reduce the velocity of the approaching
supersonic flow to subsonic flow at the inlet cowl. This is accomplished through conversion of kinetic energy to
pressure head, typically by the flow traversing through a series of oblique shock waves to reduce the supersonic
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*fach number, and finally through a normal shockwave located a short distance upstream of the inlet cowl which
reduces the flow velocity to a subsonic level. If one considers a streamtube of depressed upstream total pressure,
it may be urgued that if the total pressure of the depressed streamtube, less any shock losses encountered in the
overall compression process, is not greater than the downstrea:n static pressure as established by the bulk of the
upstream flow at an undepressed level of upsiream total pressuie, then the depressed streamtube will be unable to
negotiate the compreasion pressure rise without flow reversal and assoclated throat blockage and, hence, inlet
Instability may occur. The above criterion neglects the effect of viscosity which would have a favorable effect in
accelerating the depressed streamtube along the length of the compression ramp through the action of fluld shear,
This effect would be expected to prevail even very close to the wall, assuming compression ramp bleed removes

the local boundary layer.

The hmportaiee of viseoas effeels on U proposed lostabllity eriterion of Figere 9 would be expeeted to
small within the external region of a typical supersonic inle.. That is, the work done on an element of fluid due to
the rapid rise in static pressure along the ramp is typically large compared to the work done on an element of fluid
4ue to fluid shear over that same distance. For example, using the geometry and flow conditions of the inlet des-
cribed hereln, and assuming the locally depressed flow field exhibits diffusion characteristics of an axisymmetric
turbulent wake, it may be shown that the integral accelerating effect on the depressed streamtube due to fluid shear
along the length of the compression ramp is less than ten percent of the integral decelerating effect due to pressure
forces over the same length.* Furthermore, it is noted that this viscous effect could be accounted for if one were to
define the inlet flow field reference plane at the inlet face rather than at the compression ramp leading edge.
Typically, however, Inlet flow field measurements have been, in the past, referenced to the compression ramp
leading edge plane rather than to the inlet face plane, thus providing measurements of the flow field to be processed

by the inlet.

Considering the foregoing, one would expect the proposed inviscid criterion to give reasonably good results
in predicting inlet instability caused by total pressure depressions in the oncoming flow field. If so, early identifica-
tion of potential problems of inlet instability could be obtained during preliminary flow field testing of a new aircraft
configuration, and timely modifications in terms of inlet placement or configuration geometry upstream of the inlet
could be made.

7. COMPARISON TO TEST DATA

Figure 10 shows comparison of measured stability boundaries and stability boundaries predicted by the
upstream total/downstream static pressure criterfon. of Figure 9 at Mo = 1.6 and Mg = 2,0, The prediction method
predicts the effect of model attitude on inlet stabi. 'ty .juite well, Loth in the high angle of attack and negative angle of
attack regions. It is recalled from Figure 8 that the high a condition corresponds to viscous flow over the com-
pression ramp and negative « corresponds to a vortex entering the inlet from the upper outboard region. It is
particularly significant that the single pressure criterion of Figure 9 works equally well in predicting the effect of
these separate phenomena., As mentioned previously, neglect of viscous effects give a conservative estimation of the
stubility boundaries in neglecting the increase in total pressure of the depressed streamtubes in the streamwise
direction. Another conservative factor is the requirement for a critical amount of throat blockage required to
initiate inlet buzz. This factor is thought to be small, however, in that the area occupied by the depressed streamtube
grows rapidly as the stagnation condition is approached.

Figure 11 shows additional comparisons of measured and predicted stability boundaries by bringing in the
effect of MFR. That is, a3 the MFR is Increased, the value of the downstream static pressure P2 drops, which
means that a lower level of incoming total pressure Ppo (and hence higher value of «) can be accepted by the inlet
without instability. This is illustrated schematically in Figure 12, which also serves to illustrate the construction
method of the predicted boundaries of Figure 11. As can be seen in Figure 11, the prediction method predicts the
effect of MFR quite well, again both in the high @ and negative a range. It ir noted that, although measured values of
Py were used for the foregoing comparisons, P2 can be easily estimated wiinin a few percent. Thus, the estimated
stability boundaries would be virtually unchanged had only the external flow field been measured.

Figure 13 shows measured and predicted stability boundaries over the Mach range investigated in the AEDC
16S Wind Tunnel. The prediction method is seen to hold over the Mach range investigated, again both in the high o
and negative a range.

In summary, the proposed inviscid criterion for prediction of inlet instability due to depressions in the
oncoming flow field has been found to be in good agreement with measured supersonic inlet instability. This method
has been demonstrated for two separate destabilizing phenomena and accounts for the effects of freestream Mach
number, alrcraft attitude, and inlet mass flow ratio. In neglecting viscous effects and the requirement for critical
throat blockage, the method predicts stability boundaries which are slightly conservative,

*Similar estimates of the ratin of fluid shear to pressure effects within the subsonic diffuser provide the rationale
for selection of the inlet thro:t as the reference downstream plane for the instability criterion as opposed to, say,
the engine compressor face plane. That is, although the static pressure continues to rise along the length of the
subsonic diffuser, it may be shown that the integral effect of fluid shear forces is of the same order as the integral
effect of pressure forces within the diffuser: thus, deceleration of the depressed streamtube within the diffuser by
pressure rise is roughly countered by acceleration due to fluid shear,
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8. LOW MACH INSTABILITY

Thus far, discussions of inlet stability have focused upon tests of the 0.2 scale inlet/airframe model in the
AEDC 168 Wind Tunnel over the Mach range 1.6 to 2.2, It is of interest to note that inlet instablility was also
encountered under some conditions at transonic, and even lower, Mach numbers during tests of the model in the AENC
16T Wind Tunnel over the Mach range 0 to 1.4, Specifically, inlet '"buzz' was encountered at a few extreme condl-
tions of high model attitude in combination with low inlet MFR (i.e., MFR typically less than engine idle airflow)
down to a Mach number as low as Mg = .55.

Inlet buzz was detected by monitoring the instantaneous space average compressor face total pressure on
an oscilloscope during a continuous decrease in inlet MFR, In addition, data were obtained simultaneously on mag-
netlc tape, The onset of low Mach buzz was characterized by a relatively gradual build-up in amplitude with reduc-
tion in MFR, as opposed to the rather sudden onset of high amplitude buzz characteristic of supersonic operation,
However, the wave form of the low Mach buzz was similar to that of the supersonic buzz In exhibiting high amplitude
discrete frequency pressure oscillations of nearly constant amplitude, but without superposition of broadband
turbulence typical of the supersonic buzz wave form,

A typical example of low Mach buzz is shown in Figure 14. Peak-to-peak pressure oscillations are about
twenty percent of the freestream total pressure, with the positive peaks exceeding frrestream total pressure. The
frequency of the pressure oscillations is about 68 hz which is in excellent agreement with the theoretical open/closed*
organ plpe frequency of the inlet duct calculated at 70 hz, Further, the pressure oscillations across the duct were
found to be in phase as evidenced by comparing the instantaneous compressor face average total pressure to selected
instantaneous measurements of individual compressor face pressures.

Although stability boundaries comparable to those defined supersonically were not measured at the lower
Mach numbers, it is noted that the few isolated points detected were limited to low values of MFR ratio in combina-
tion with high model attitudes wherein fuselage boundary layer thickening was not contained between the inlet ramp
and fuselage, but instead spilled over the inlet ramp as described previously at supersonic conditions. Due to the
high angularity of the local flow at these conditions, the inlet flow field ra.es were not considered ac.urate as
evidenced by the less than 100 percent measured recovery in regions of the flow field known not to be influenced by
upstream viscous effects (typically these regions were measured at about 95 percent recovery). liowever, in
adjusting the measured levels of the inlet flow field to remove the effects of angularity, it appeared that, within the
various tolerances involved, the instability criterion applied succeasfully to the supersonic tests was also applicable
at the lower Mach numbers, That is, buzz occurred at lower Mach numbers when the inlet throat static pressure
was Increased (by reduction of MFR) to a level about equal to the minimum total pressure of the depressed region of
flow field Intercepted by the inlet. The observed gradual build-up in the subsonic buzz amplitude with decreasing
MFR discussed earlier is attributed to the relatively low slope of inlet throat static pressure with MFR at low
values of MFR where buzz was encountered.

Throat blockage, due to stagnation of the depressed external flow field, and associated positive slope of
recovery with mass flow, is thought to play the same role in precipitating buzz at subsonic and supersonic freestream
Mach numbers. The primary difference between the subsonic and supersonic Mach buzz is the coupling of the exter-
nal shock system into the inlet system oscillation, which introduces broadband turbulence (generated by shock
induced boundary layer separation) superimposed upon the duct resonance frequency.

9, SLIPSTREAM INGESTION

The foregoing discussions have linked the precipitation of inlet buzz to total pressure deficits in the
approaching external flow field. For this class of disturbances, a simple flow field criterion which predicts
supersonic inlet buzz has been described and confirmed by available wind tunnel data. The criterion accounts for
the effects of freestream Mach number, aircraft attitude, and inlet mass flow ratio. The same criterion, although
not comprehensibly demonstrated at subsonic Mach numbers, appears to be consistent with observed instances of
inlet buzz encountered at subsonic Mach numbers, Due to the fundamental nature of the criterion, it is suggested
that it may also govern the initiation of inlet buzz arising from sources other than non-uniform approaching external
flow fields,

For example, consgider the well documented evidence of inlet buzz caused by ingestion of a slipstream at
the outer cowl of an inlet (Ref. 5 is a classical example). Slipstream ingestion typically occurs at reduced mass
flow ratio and/or angle of attack when the compression surface oblique shock system intersects the terminal shock
within the projected area of the inlet cowl. Although slipstream ingestion has been a common source of inlet buzz,
it is neither a necessary nor sufficient condition to precipitate buzz. In pursuing this point, it is suggested that it is
not the slipstream, per se, that is the cause of the inlet buzz, but rather the variation in total pressure of the flow
downstream of the slipstream origin (triple shock point) combined with external subsonic diffusion between the triple
point and the inlet face, This concept is discussed further in the paragraphs which follow.

Figure 15 shows a sequence of four Schlieren photographs, two of which clearly show slipstream ingestion
without inle{ instability. These data were obtained with the 0.2 scale isolated inlet model tested in the Northrop
2 X 2 foot wind tunnel at M, = 2. 0. As noted in earlier discussion, the slipstream generated by the intersection of

et

*An open/closed duct was assumed for analysis since at the very low MFR's where buzz occurred, the downstream
end of the duct is nearly closed.
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the compresaion ramp leading edge shock with the terminal shock was not ingested by the Inlet at any MFR with the
inlet at the nominal angle of attack of zero degrees. Therefore, at zero degrees angle of attack, no information
velating to the effect of slipatream ingestion on inlet etability was obtained. However, for selected tests, the inlet
compression ramp was turned into the flow 5° (Identified as 8 = 5° in Figure 15). With this model orientation, the
slipstream was ingested by the inlet at lower values of MFR as neen in Figure 15. At the highest MFR, the slip-
stream appears to be nearly at the inlet cowl and the inlet flow is stable. At the two intermediate MFR's, the slip-
stream Is clearly ingested by the Inlet, but the inlet flow remains stable. Only at the lowest MFR did the slipstream
ingestion precipitate inlet buzz,

Figure 16 shows elements of the flow field in the vicinity of the triple shock point. Although the flow
field at the triple point is very complicated due to shock curvature arising from the downstream influence of the
subsonic Tlow, the flow a short distance above and helow the triple point may be treated by plane wave shock rela-
tions, In applying plane wave shock relations, the total pressure loss above the triple point is greater than that
below the triple point (P A < Prp) due to the higher incoming Mach number above thz triple point, Within a short
distance downatream of the triple point, transverse static pressure balance is achieved and, due to the lower total
pressw.e above the triple point, the velocity of the flow above the triple point is lower than that below the triple
point. During the subsonic diffusion process between the triple point and the inlet throat, the static pressure rire
reduces the velocity of the flow above the triple point more than it reduces the velocity of the flow below the triple
point, thus compounding the initial upstream velocity differential. With sufficient total pressure differential and
subsonic diffusion, stagnation of the flow above the triple point will occur, resulting in throat blockage and potential
inlet instability.

Figure 17 shows internal total pressure profiles in the region of the outboard cowl (measured at the inlet
throat) for each of the MFR conditions of Figure 15. For reference, the ideal total pressures* above and below the
triple point immediately downstream of the terminal shock are indicated. At the highest MFR, the slipstream
apparently has not entered the inlet as evidenced by the uniform recovery at a level about equal to the ideal level
below the triple point. At the two intermediate MFR's, there is a region of reduced total pressure fiow near the
wall where the preasures closely coincide with the ideal total pressure above the triple point, while the total
pressure of the flow farther from the wall corresponds closely to the ideal total pressure below the triple point.
The two regions are joined by a shear layer which represents the slipstream after viscous diiffusion between the
triple point and the inlet throat. At the lowest MFR, the inlet is In buzz, and the total pressure profile reflects a
time average of this buzz which extends beyond the end of the pressure rake.

It is noted that the wall static pressures have increased to a level nearly equal to the region of reduced
total pressure at the two intermediate MFR's. This increase in static pressure reflects the increase in external
subsonic diffusion with decreasing MFR, Although the wall static pressures are at about the same level as the
region of reduced total pressure, the region is not considered to be one of boundary layer separation. Rather, this
region reflects the reduced external total pressure and external subsonic diffusion which combine to stagnate the
incoming flow. There is not significant internal static pressure gradient in this region to produce a boundary layer
separation. On the other hand, the reduced external total pressure/subsonic diffusion is an expected result, with
good quantitative agreement between the measured and predicted pressure recovery in this region.

The requirement for finite throat blockage produced by the stagnated flow prior to initiation of inlet buzz
is evident in Figure 17, Specifically, at the MFR immediately prior to inlet buzz, the flow above the triple point
has stagnated and probably reversed (indicated by total pressure levels less than wall static pressure), but the inlet
flow remains stable. It is not until a critical blockage occurs that inlet buzz is encountered.

In summary, the same [nlet instability criterion applied successfully in predicting inlet buzz caused by
total pressur- deficits in the approaching external flow field would appear to be an appropriate criterion for deter-
mination of the critical strength of an ingested slipstream required to precipitate inlet buzz, although additional
comparisons to experimental data are desirable. At this point, it is of interest to note that the sunject criterion
appears to govern precipitation of inlet buzz caused by non-uniform flow fields from extremely different origins.
Specifically, the slipstream generated non-uniform flow field originates from inviscid flow through shockwaves of
different strengths, the low Mach externally generated non-uniform flow field originates from upstream subsonic
viscous flows, and the supersonic externally generated non-uniform flow field originates predominately from
upstream supersonic viscous flows,

10. APPLICATION OF THE CRITERION

Based upon the measurements of inlet stability from the first test of the 0.2 scale inlet/airframe model
in AEDC 16S Wind Tunnel, various modifications to the configuration were investigated to extend the high angle of
attack stability boundary at supersonic Mach numbers. No parallel attempt was made to extend the negative angle
of attack boundary created by ingestion of the LEX vortex since the original boundary was not restrictive with
respect to the desired a, g operating envelope. These modifications were evaluated, using an . 07 scale flow field
mode! tested at My = 2,0 In Northrop's 2 X 2 foot Supersonic Wind Tunnel, This model was tested without an

*Ideal total pressures were calculated based on plane wave shock relations and accounting for downstream flow
direction as indicated by the initial angle of the slipstream.



27

inlet, * and all evaluations were based upon irlet flow field measurements, forebody static pressure measurements,
and oll flow visualization. A modified configuration which evolved from these tests was later confirmed in a second
test of the 0,2 scale inlet/airframe model in the AEDC 16T Wind Tunnel, in which inlet stability boundaries were
measured,

The effects of a sample modification to the configuration are shown In Figures 18 and 19. Flgure 18
shov'a the effect of a modification to the slot In the LEX on inlet flow field, The effect of the slot modification was
to reduce the static pressure rise caused by impingement of the LEX shockwave on the fuselage and provide &
pressure relief region through the LEX for tha forebody boundary layer to flow, As can be seen in Figure 18, the
region of adverse viscous flow interceptud by the inlet is reduced considerably with the modified slot.

Figure 19 shows the measured extension of the high angle of attack stability boundary corresponding to
the modified slot in the LEX. Since the modified configuration was teated only in the AEDC 16T Wind Tunnel,
maximum test Mach number was slightly less than Mo = 1.6, Thus, the comparison of Figure 19 is made at M, =1. 6,
rather than at My = 2.0 where the . 07 acale model flow field measurements were made. At Mg = 1.6, however, the
desired Increase In stability boundary was achieved, thus demonstrating the validity of the stability criterion as a
useful tool for extending the stability boundary a specified amount. Further, due to the excellent agreement of the
predicted and measured extension of the stability boundary at My = 1. 6, it was concluded that previously planned
confirmation tests with the modified configuration in the AEDC 168 Wind Tunnel at Mach numbers in excess of
Mg = 1.6 were not required. -

11. CONCLUSIONS ’

1. Supersonic inlet buzz was found to be caused by ingestion of upstream generated viscous flows. The
destabilizing viscous flows included separated fuselage boundary layer at high aircraft attitude and a vortex gunerated
by a wing leading edge extension at negative attitude. Increasing Inlet mass flow ratio was found to extend the atti-
tude for stable inlet operation,

2. Inthe range of aircraft attitude where the external flow field was free of viscous flow, good inlet
stability margin with respect to maximum and idle power airflows waa exhibited over the Mach range investigated.
In this range of attitudes, the lower limit of stable mass flow ratio was found to be essentially constant, with the
level governed by the forward extent of the compression surface bleed section.

3. Within the stable region of operation, the compression surface shock/boundary layer interaction was
well controlled for normal shock Mach numbers as high as 2, 0 using about three percent of inlet airflow. Without
surface bleed, massive shock Induced separation prevailed above freestream Mach numbers of about 1.5. However,
inlet operation with the shock Induced separation was stable provided the mass flow ratio was above a critical level.

4. A simple stability criterion which relates inlet buzz to characteristics of the flow field approaching
the inlet was postulated, Predictions of inlet buzz based on the criterion were found to be in good agreement with
available test data in accounting for the effects of freestream Mach number, aircraft attitude, and inlet mass flow
ratio. The criterion states that if the total pressure of a streamtube Intercepted by the inlet, less any shock losses
encountered in the compression process, is not greater than the downstream static pressure, then flow reversal
and assocliated inlet instability may occur.

5. Inlet buzz was encountered at a few extreme conditions of high model attitude in combination with low
inlet mass flow ratio (less than engine idle airflow) at subsonic Mach numbers. The wave form of the subsonic buzz
was similar to that of the supersonic buzz in exhibiting high amplitude discrete frequency pressure osclllations which
corresponded to the duct resonance frequency. The same stability criterion applied successfully in predicting buzz
at supersonic Mach numbers was found to be consistent with the observed instances of buzz at subsonic Mach numbers.

8. For selected tests, the effect ¢ slipstream ingestion on inlet stability was studied. Although slipstream
ingestion precipitated inlet buzz at some condy’ inr., slipstream ingestion of itself was not a sufficient condition
to precipitate buzz. The same stability criterion applied successfully in predicting buzz caused by total pressure
depressions in the approaching external flow field, when applied locally to the region of flow between the slipstream
origin and inlet face, would appear to be an appropriate criterion for determination of the critical strength of an
ingested slipstream required to precipitate buzz.

7. Application of the stability criterion was demonstrated in the proceas of extending the inlet stability
boundaries a specified amount based on flow field measurements. Future application of the criterion could be a
valuable link in the configuration development process of fighter aircraft by providing early identification of
potential problems of inlet instability during preliminary flow fleld teating, thus allowing timely modifications in
terms of Inlet placement or alreraft configuration geometry upstream of the inlet.

*Although this model had an inlet which could be Installed, it was not designed for supersonic operation due to lack
A eompression Famp boendary layer sontrol.

o o LS R Tl A F - =

el

A R e e

TR RS

iz At S

SBhhIeCir



28

REFERENCES

1,

Sterbentz, W, H. and Evvard, J. C., "Criterlon for Prediction and Control of Ram-Jet Flow Pulsations, "
NACA TN 35068, August, 1965.

2. Sterbentz, W. H. and Davids, J., "Amplitude of Supersonic Diffuser Flow Pulsations,' NACA TN 38572,
October, 1955,

3. Mirels, H., "Acoustic Analysis of Ram~Jet Buzz," NACA TN 3574, November,1955.

4, Dailey, C. L., "Supersonic Diffuser Instability," Journal of the Aeronautical Sciences, Vol, 22, No. 11,
p. 733, November, 1955,

§. Ferri, A, and Nucci, L, M., "The Origin of Aerodynamic Instability of Supersonic Inlets at Subcritical
Ccnditions, "' NACA RM150K30, January, 1951.

6. Kuehn, D. M., "Experimental Investigation of the Pressure Rise Required for the Incipient Separation of
Turbulent Boundary Layers in Two-Dimensional Supersonic Flow," NASA Memo 1-21-59A, February, 1959,

ACKNOWLEDGEMENT

The author would like to acknowledge ‘. W. F. Wong for his contributions to the data analysis and

Ms. Alberta Hansen for her patience in preparing the illustrations.



P o NS S

-

B, L. Diversion —
Slot

Inlet Compression -
Ramp

Inlet —

FIGURE 1, 0,2 SCALE INLET/AIRFRAME MODEL

M o =2,0
a=0
Max, Power Airflow

a) Reduced Bleed b) Nominal Hleed

FIGURE 2, EFFECT OF BOUNDARY LAYER SUCTION ON STRONG SHOCK
BOUNDARY LAYER INTERACTION

Inlet Inlet
M, =20 Face Throat
= |
a=0 Lof I

Ty

Max. Power Airflow

Wedge + Normal Shock
/ Recovery (Ideal)

l Static Pressure Recove
]

Reduced Bleed l

[o}
DO,

/— Wedge Recovery e

(Ideal) °
Q‘ﬂ—‘ﬂ=ﬂ=8£xs A—A./ 2

Ramp Leading
Edge ' Non:lnal Bleed
0 .2 .4 .6 .8 1.0 1.2

Distance from Ramp Leading Edge, X/L

FIGURE 3, EFFECT OF BOUNDARY LAYER SUCTION ON RAMP
STATIC PRESSURE DISTRIBUTION

29



Mo =2,0
a=0
Max. Power Airflow

a) Reduced Bleed b) Nominal Bleed

FIGURE 4, EFFECT OF BOUNDARY LAYER SUCTION ON INLET
THROAT TOTAL PRESSURE PROFILES

Mo =2,0 Mo =2.0
Max. Power Airflow =
16
_ 16
12 L Buzz - Forebody
Buzz - Forebody B. L
E‘w /B. 1 e Al . L. Separation
] Buzz - Insufficient '
o Upstream B, L.
g Ll S s Bleed
8| —-— J !
i !
5 N rae]
. g | Idle Airflow
? 4 L ) < 4 | /
k-] | S~ Max., Power
. ,% || ’I Airflow
a 2 0 1 I ] L J
L i 1 J .2 .4 .6/ .8 1.0
-8 -4 4 8 [ MR
Angle of Sideslip, 8 -4 | /
(Leeward) !
-8 L
Buzz - LEX
Vortex

FIGURE 5, INLET STABILITY BOUNDARIES AT FIGURE 6, EFFECT OF MASS FLOW RATIO ON
MAX POWER AIRFLOW INLET STABILITY BOUNDARIES



Critical

Separation “:i
Origin

Throat
Blockage

ZOrlgin of Separation

FIGURE 7. EFFECT OF MFR ON INLET STABILITY AT LOW
ANGLE OF ATTACK UNDER CONDITIONS OF
REDUCED SURFACE BLEED

~

—

—

a. Reference Conditicn (Stable) b, Forebody Boundary Layer c. LEX Vortex (Buzz)

Separation (Buzz)

FICURE 8, INLET FLOW FIELD TOTAL PRESSURE CONTOURS

Ramp L. E, Cowl

— v — o —

P/P
To Increasing MFR

a. Typical Compression Ramp Static
Pressure Distribution

A B g
= it s & ot

b, Stable: (P,I.1 -AP, T l-z)aa > P2 ¢. Unstable: (P,I.1 -APT 1_2) N < P2

FIGURE 9, INLET INSTABILITY CRITERION



LLS

A

2-12

M =1.6 M =20
Max. Power Airflow Max, Power Airflow
16 p 16
\\
\ Estimated Stability
M2 Boundary N 12
\ \\
5 \ N Estimated Stability
4 \ Measured Stability S Boundary
] i 5
8k \ Boundary ¥y L
81\ i X
: \ \ 5 \ Q Measured Stability
o \ < \ Boundary
2 \ 4
g 4F o 4 \
2 \ o \
g ‘%
L AL A J L '\ ' J
-8 -4 4 8 -8 -4 4 8
Angle of Sideslip, 8 Angle of Sideslip, g
(Windward) 4 (Leeward) (Windward) i (Leeward)
\0\\
S~
~
LS. 0\\\

.

SBOLS -sL

O\OQ
a. a/B Effect@M°=1.6 b. a/p Effect@Mo=2.0

FIGURE 10, COMPARISON OF MEASURED AND ESTIMATED STABILITY BOUNDARIES

Mo =1.6 Mo =2,0
ﬁ =0 B =0
16 ¢ /1 16 ['
o
! d
12 °© 12
/ |
A /D/ :
" g—=0 P
3 gl 3 8 L ol
= Estimated X~ - .
g Stability § g;g;?iated
S 4 Measured paurtasics < 4}  Measurea Boundatyries
5 Stability g Stability
%’D Boundaries Q Boundaries
)
= 0 1 i i L J 0 1 L i L J
< 2 .4 |\ 6 [ 8 L0 2 2 .4\ .6 [.8 1o
MFR MFR
-4 |- -4 -
"'* o \‘\
N ™ N
-8 L 5 -s L O\ i
q\".
a. Effect of MFR @ Mo =1,6 b. Effect of MFR @ M0 =2,0

FIGURE 11, COMPARISON OF MEASURED AND ESTIMATED STABILITY BOUNDARIES



1.0, 1.0,
9P ] o
! 8k
- Sk
B ek
o g R
N
b &N o e
e =
1 L 1, g L
0 4 8 12 16 0

Angle of Attack, o

2. (Prpy/Prpg) yyp V8 @

b, P2/PT0 vs MFR

FIGURE 12. STABILITY BOUNDARY INPUTS

g=0
Max. Power Airflow

@ Measured Stability Boundary

20r O Estimated Stability Boundary
8 .\8\
£ 10F © ®
3 B
< o
ot
Q
A
B0 ok L ) 1 J
& 1.6 1.8 2.0 2.2

Mach Number ~ M0
g_—-——'-g/
-10lL

FIGURE 13, COMPARISON OF MEASURED AND
ESTIMATED STABILITY BOUNDARIES -
MACH NUMBER EFFECT

RN R

Mo =0,.8
a=25° 8=10°
MFR ~0, 2 (Less than Idle Airflow)

-
H
[ =]

Compressor Face
=

Pressure Recovery
-
=

L 1 1 ]
0 o1 o2 .3
Time ~ Seconds

FIGURE 14, INLET "BUZZ" AT SUBSONIC
MACH NUMBER

2-13

Vo i ety




i Lo

[

214

{
b
Mo'2.0 {
g =5 |

Note: Decreasing MFR from (a) to (d)

a) Stable b) Stable c) Stable

FIGURE 15. EFFECT OF SLIPSTREAM INGESTION ON INLET STABILITY

Outer Cowl
b
2 Pra < Prg
== Slipstream

piffusion

-__Eh__._____‘m“:._-—--'""_"

Triple Point —\ ~
Leadin -
1

g Edge
Shock
M > e

Terminal
Shock

FIGURE 16, SUBSONIC FLOW FIELD BETWEEN TRIPLE
POINT AND INLET COWL

M o 2,0
=5
4 / 1
£ O
> ,f
—g' .3 _Ramp Outboard ’f
(3] Cowl i
° /
H f
é 2 Decreasing '0 a
e MFR - 7[_ 1
£ & A
1) Buzz
ul:: "‘_‘-"‘ {‘7_7Zi‘
o L1 o — Stable
g O\ 2 | /d o|
] Ideal Recovery | Ideal Recovery
a L Above Triple Point QO O /O 1 Below Triple Point
0 L 1 L d) i 1 J
.5 .6 .7 .8 .9 1.0

Total Pressure Recovery, pTZ/P’)‘O

FIGURE 17, EFFECT OF SLIPSTREAM INGESTION ON OUTBOARD
COWL TOTAL PRESSURE PROFILES



2-15

Mo=2'0
a=9%p=4°*

Fuselage

LEX Lower
Surface

Compression Ramp L, E,

r-‘"‘--ﬁ‘x{/'lnlet

T

a, Original Slot b, Modified Slot

FIGURE 18, EFFECT OF LEX SLOT CONFIGURATION ON INLET
FLOW FIELD TOTAL PRESSURE AT HIGH a/8

Mo =1,6
Max. Power Airflow

16
A
“
hY
-] Y Modified Slot
, 12 A
g \
A
=< N
bR i N Ori 1 81
t
% \ /— riginal Slo
g \
4 -
J — —r L J
-8 -4 4 8
Angle of Sideslip, 8
(Windward) (L.eeward)
-4F
L

-8

FIGURE 19, EFFECT OF LEX SLOT CONFIGURATION ON
MEASURED STABILITY BOUNDARIES

T



31

THE MEASUREMENT OF THE TRANSONIC SPILLAGE

DRAG OF A SUPERSONIC INTAKE

S.A.M.Thornley and E.C.Carter
Senior Project Supervisor Deputy Chief Aerodynamicist

AIRCRAFT RESEARCH ASSOCIATION LTD.
Manton Lane
Bedford
MK41 7PF
England

SUMMARY

This paper describes the technique in current use at the Aircraft Research Association for the
measurement of the transonic spillage drag of a two dimensional, ramp intake. The method requires the
calibration of the intake duct aystem for both mass flow and exit momentum. The technique is equally
applicable to supersonic testing.  The achieved repeatability of the measurements allows intake
configuration differentiation to =-1% in aircraft drag for a typical supersonic fighter aircraft at high
subsonic speed. Theoretically based calculatiof® show satisfactory agreement with the measurements both
for a range of intake mass flow and for intake ramp angle changes. The technique is economic and
suitable for routine testing. General comment is made on the merits of three methods available for the
measurement of spillage drag using the balance mounted, whole model technique, together with
recommendations for further technique development.

NOTATION
Ao Freestream area of captured flow
Al Intake reference area
At Intake throat area
Ao/Al Area ratio equal to the mass flow ratio
CD Drag coefficient on total intake reference area (2Al f?r tvin duct
side intakes)
CDISMOM Momentum discharge coefficient
CDISV Venturi mass flow discharge coefficient
D Drag
Fg Gross thrust
Fn Net thrust
H/P Total pressure/static pressure
mVo Freestream momentum of the captured flow
mve+Ae(Pe - Po) Exit momentum + pressure term
th+At(Pt = Po) Throat momentum + pressure term
(PU - PT)/PU Venturi upstream - throat pressure/upstream pressure
xaft Axial force on the afterbody
Xb " ' " " balance
al
xm“e " g " " hage
X o L " " cowl
cowl
xduct " " " " duct
xext " " " " external surfaces except afterbody
xint " " as defined in figure 3
xpe " "  on the pre-entry stream tube
Xr " " " " ramp
] Throat flow inclination to freestream
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1.  INTRODUCTION

Intakes designed for supersonic operation
generally have sharp lips. When such an intake is
operated st transonic speeds, the flow losses
associated with the sharp lips can cause large drag
penalties if the engine flows required at such
speeds mean operation of the intake at flow ratios
less than maximum. Such drag penalties are called
spillage drag and some typical curves are shown in
figure 1. For example the spillage drag slope of
a sharp lipped, supersonic intake might typically
be AC_/A(Ao/Al) = -0.7. This value is between 10
and 100 times greater than that of a good,
axisymmetric, subsonic cow.l, depending on the point
of comparison. Thus the measurement of intake
spillage drag is important for the estimation of
aircraft performance for aircraft using sharp
lipped intakes,

The steep drag slopes associated with sharp
lipped intakes indicate very dirty external flows.
The size of the values is typically of the same
order as the drag of - flat plate normal to the
airflow, Typical loss making features could be
separations, vortices, or shocks. All these
features should show in surface oil flow
visualisation.

The importance of tests in a wind tunnel for
intake spillage drag, or indeed for aircraft drag,
can be further empharised. The validity of current
empirical correlations, employed by the performance
groups of industry, is questionable when applied to
the development of new configurations, by reason of
the novel features of the configuration. The use
of wind tunnel tests for such new configurations
is less likely to miss the effects of the newness
of the configuration on the aircraft drag. In such
circumstances, the practical wind tunnel engineer
would consider that a properly thought out series
of models and tests, would estimate the projected
aircraft drag to a considerably better confidence
value than correlative data based on past
configurations.

DRAG

PRE — ENTRY FORCE

SHARP LIPPED
SUPERSONK
INTAKE

AXISYMMETRIC
SUBSONIC INTAKE

MASS FLOW RATIO

FIG.I TYPICAL SUBSONIC SPILLAGE DRAG CURVES

This paper describes the principles and methods used at the Aircraft Research Association for the
measurement of the spillage drag of a two-dimensional, ramp type intake, Particular attention is given
to the calibration and validation of the results, together with recommendations for further technique

development,

2.  PRINCIPLES

mVq o Ag(Pq - Po)

:IZEZEZx AV ALY VNN

auaRuE=—_

NET FORCE FOR ACCELERATION/CLIMB = mVg + A {Pq = Po) = mVg = Xgxt ~ Xatt = Xpe

F'- mVo-(X.,,g ox”ngﬂ)

= Fa=0

THRUST - DRAG

FIG. 2. AIRCRAFT THRUST - DRAG

Figure 2 shows a simplified balance of the principal forces acting on an engine nacelle.

Drag is

measured on the aeroforce model fer which the intake and exit flow conditions are measured. It is then
adjusted to the correct intake flow using spillage drag test results and to the correct exit flow
conditions using afterbody plus jet drag test results.



For a detailed balance of the forces involved, references 1 and 2 should be consulted. For the
procedures an¢ techniques suitable for the detailed balance, references 3 and 4 are available.
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MODEL, Xpal = Xext * Xguct * Xbase * X¢

MmVg o A.( ’.-’o)
———————
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STRUAMTUBE, mVy « Ag(Pq-Po) = mVp « Xpg~ Xgyct= Xr
OE'NE, xlm H mV,-(mV.oA.(P.- Po))

THEN REQUIRED DRAG, l.' -x" = Xpal = Xduct = Xpase = X¢ o(xdm o Xp= x‘m)
= Xpal - Xpase = Xint

FIG. 3. BASIC EQUATIONS FOR SPILLAGE DRAG MODEL TESTING ON RAMP INTAKES

Figure 3 gives the equations applicable to the measurement of intake spillage drag. Here the
equations are derived for the zero incidence case with a square ended exit flow in the freestream
direction. More general equations are available in reference 4 and 5. Generally as the intake is

throttled (for Ao < At) the increase of xpe is wholly or partially offset by a reduction in Xext due

to thrust forces being developed on the cowl (subsonic flow). The change of (Xext + X e) as the intake
is throttled from some datum flow is called the spillage drag. P

3. MODEL AND INSTRUMENTATION

The method uses the balance mounted, whole model approach with non-metric mass flow control., The
technique and model layout is based on that described in reference 6., Figure 4 shows the model in

schematic form.
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—_— 5

FIG. &. MODEL INSTRUMENTATION
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Twin side intakes and internal ducts are representative to the engine face. Aft of the engine face
the duct was expanded slightly to suit a requirement for a subsonic test Mach number of 0.6 with full
intake flow., Externally the fuselage was representative to about 3 intake heights downstream of the
cowl lip plane and then blended into a constant section, parallel sided afterbody. The base was flat but
carried thin flanges on the internal and external edges to promote clean flow separation. Stub wings
were fitted as these might act as forward facing surfaces for the possible recovery of spill thrust
rather than to give the correct upwash flowfield at the intake. The whole model was carried on a
standard Aircraft Research Association 3" balance
which was fitted into a massive, I section sting -
see figure 5. The I ser' -n of the sting was
convenient since considerable strength was required
for che large normal force loads on the model yet
the internal ducts of this particular model gave
little space between the ducts at the engine face
position. Thus the ducts fitted on either side
of the I section. Aft of the engine face, where
it was necessary to increase the duct diameter,
the ducts were taken away from the model
centreline using a short S bend.

The model carries comprehensive intake
instrumentation. The starboard duct is used for
intake performance and stability and the port duct
for turbulence. Both ducts are of course
instrumented for mass flow and exit momentum, It
is important to measure engine face performance in
the context of spillage drag since intake
modifications that are aimed at reducing drag might
affect engine face recovery or mass flow. Since
ultimately thrust minus drag is of overall concern,
both engine face performance and intake drag are FIG. 5. STING ASSEMBLY
necessary measurements.

Figure 6 is a view of the ducts and
instrumentation. The starboard duct has a rotatable, &
two position, 12 arm pitot rake at the engine face
plane for the measurement of pressure recovery and
steady state distortion. Mass flow was measured
in calibrated venturis. The exit statics for the
measurement of exit momentum are downstream of the
venturis in a constant diameter exit tube. Mass
flow is controlled by an earthed, 60 conical plug
throttle with linear position actuation and
indication - see figure 7. The base is
comprehensively pressure plotted to allow for the
effects of changing base pressure as the throttles
are driven. The model incorporates bleed ducts
which carry venturis and exit statics for the
measurement of bleed flow and momentum. The bleed
flows are controlled by fixed area exit nozzles,
the exit statics being at the nozzle throat.

Extensive surface pressure plotting on the
intake ramps and cowls was necessary for the
diagnosis of the drag results.

Figure 6 shows the model instrumentation when
the bottom 'tray' of the model fuselage is removed.
Direct access is available to the scanivalves used
for pressure measurements, to the wiring =nd
plumbing for the scanivalves, and to the wiring
for the turbulence transducers.

FIG.7. BASE AND THROTTLE
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4.  TUNNEL AND INSTRUMENTATION

The model has been tested transonically in the 8ft x 9ft tunnel at the Aircraft Research Association.

Tests have been made in the Mach number range 0.5 to 1.3, Reynolds number 2.9 to 4.4 x 108 per foot,
Reynolds numbor on capture height 0.9 to 1.3 x 10%, Details of the tunnel are available in reference 7.

The instrumentation accuracy is

tunnel and other reference pressures = 0.03"Hg .
scanivalve pressures as P/H % 0.003 at 30"Hg stagnation
incidence accuracy ~ 0,05°

balance calibration = {2 P.S.

balance temperature drift typically less than 1/3% F.S.

Accurate pressure and balance techniques must be available for this class of work since the final
drag data is dependent on differencing large terms.

Special equipment was built to allow test point setting and monitoring. An on-line X-Y plotter was

used to show pressure recovery versus mass rlovw. Analog circuits from transducers recording six engine
face pitot pressures gave pressure recovery, snd further analog circuits from transducers recording
venturi upstream pressure and differential pressure gave mass flow. A dynamic transducer was displayed
on an oscilloscope to show duct flow stability.

5. DATA REDUCTION

The procedure is shown in block diagram form
in figure 8. All terms are in practice brought SCANIVALVE BALANCE TuMNEL
to non-dimensional form as soon as possible and DATA DATA kT

calculations are carried out in non-dimensional
form. The force terms are non-dimensionalised
by dividing bv the dynamic pressure times the
total intake capture area (2Al for twin duct
siae intakes).
EF MISC BLEED | [VENTUR NC STING MODEL
Tabulated output, computer plotting and data CALCS || PRESS || CALCS || CALCS FORCEsEi CAVITY | | anGLE
on magnetic tape are routinely produced. FORCE
Small practical difficulties arose with the )
use of venturis. The venturi differential
pressure is only single signed r<gardless of
flow direction. The bleed system at low
freestream Mach numbers sometimes flows in
reverse, A pitot in the bleed duct venturi | UPSTREAM
is now used to check flow direction. It is also 1 MOMENTUM
possible at the higher freestream Mach numbers EXTERNAL
to choke the main duct venturis. Limits have — o
been built into the procedure to eliminate such MOMENTUM
data. > >
FORCES
' A m: _—
FORCES
[
1 I 1
RECOVERY MASS | | DISTORTION MISC BLEED DRAG
FLOW PRE SSURES

FIG. 8. DATA REDUCTION

6. CALIBRATION

6.1, Mass flow calibration

Accuracy of mass flow measurement is important for all intake test work. For spillage drag
tests on intakes, the effect of mass flow errors on the use of the data, depends both on the type of
error and the shape of the spillage drag curve, For example, for linear drag curves with only zeio
shift type errors of mass flow, the slope of the curve is important and this would be determined
satisfactorily. However other types of error are common and the shape of the drag curves can be far
from linear. Thus for intake drag work accuracy of mass flow is important. If aircraft drag is to be
estimated, then accurate mass flow measurements must be made also for the aeroforce model, in order to
match the test data irom both the aeroforce and the intake drag model at some datum mass flow.
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Since the model was designed to use flow
through ducts in the transonic speed range, the [1
available pressure differential to drive the
duct flow led to the choice of a venturi for
mass flow measurement rather than the sonic
exit method. The use of a 'good' venturi
according to standard venturi practice would
have yielded an unworkable model length. From
the available model length, to suit the working
section of the tunnel and the model and support
system, it was necessary to use a venturi of
length about equal to one duct diameter. Thus
the best approach was to ensure the venturi ““FLOW DIRECTION
size suits model length limitations and to
calibrate for accuracy.

The shape of the venturi is shown in
figure 9. The throat area was sized for the
requirement of full intake flow when the intake \
throat is a maximum, whilst maintaining an
adequate contraction to give a pressure
differential suitable to the instrumentation
accuracy and the required mass flow accuracy.
Thus the maximum throat Mach number was as THROAT UPSTREAM
high as 0.75. 1In retrospect the venturi and STATICS STATICS
duct design could probably be improved,
particularly by increasing the area upstream of
the contraction. The design of venturis to
suit the model limitations with large duct flows FIG. 9. VENTUR!I GEOMETRY
is an area of design largely outside existing
venturi practice,

CALIBRATED
ORIFICE PLATE
DISTORTION VENTURI | MASS
SCREENS me J
| Tl
DRY AIR X
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FIG. 10. MASS FLOW CALIBRATION

Calibration was carried out at the National Gas Turbine Establishment, Pyestock, England, where a
proven flow rig was available. Upstream of the engine face, the duct was represented to the end of the
intake ramps. Gauzes were used to introduce distortion, though in practice the calibration distortions
were not wholly representative of the later tunnel test distortions where large radial distortions were
found at the engine face. Since the engine face pitot rake supporte cause flow losses, some smoothing
and mixing of the flow occurs downstream of the support struts. Within the range of calibration
distortions appropriate to the transonic operation of the mod~l, the venturi was found to be insensitive
to the engine face distortion, see figure 11.

Lo




Y

e

5

The ducts were effectively recalibrated
2} years later when the exit flow profile was
measured to give a momentum discharge
coefficient - see section 6.2. In these later
tests some larger distortions appropriate to
supersonic operation were used. These tests
indicated that at the lower mass flows and
higher distortions occurring during supersonic
intake operation, the venturi did not give
mass flow reliably. Consequently for
supersonic testing the mass flow is now
derived from a sonic exit area technique using
a measurement of the throttle plug position.
At transonic distortion levels, the discharge
coefficient repeatability between the two
calibrations was {Z%.

6.2. Momentum discharge coefficient calibration

The exit momertum plus pressure
term is mVe+Ae(Pe-P°). The static pressure term

is measured at the exit wall statics and

agsumed uniform across the duct. The velocity
term is derived from the measured exit statics
and the venturi mass flow, using one-dimensional
duct flow equatiomns.

To allow for distorticn ar the exit
station, a 'momentum discharge coefficient'
needs to be applied to the exit momentum plus
pressure term to compensate for the difference
between the actual profile and the assumed profile.
This momentum discharge coefficient is greater
than 1.0. For example, if there is a hole in the
flow then the measured mass flow must cross the
rest of the exit station area with a greater
velocity than if the flow had been one-dimensional.
Thus the velocity is greater than one~dimensional
flow and the velocity momentum term is larger.

The effect of the flow profile on the
exit momentum was studied during the model design
stage by calculations based on various assumed
rrofiles. Profiles of pitot pressure relative to
duct static pressure were integrate! *to find
integrated mass flow and momentum. The integrated
mass flow and the duct static pressur > were then
combined to yield a momentum from 1D flow
equations to simulate the combination of venturi

mass flow and exit static pressures. The integrated

momentum was then compared with the one~dimensional
momentum. The results of these calculations are
shown in figure 12, The calculations were also
made for a range of exit Mach numbers and these
emphasised the need to keep the exit Mach number
low so that the exit momentum was dominated by

the pressure term. However it must be remembered
that the exit momentum term is a large one that is
subsequently differenced from the upstream momentum
so that momentum discharge coefficients need to be
known correspondingly more accurately.

a7
092 |
090 }=
CoISV
088 |-
o
086 }- L
+| DIFFERING
ﬁ DISTORTION
®| screens
0% | Y
-
082 |-
+
® A
N
i.
0-80 1 1 1 J |
0 005 010 015 oy py 990
PU
FIG. 1. CDISV ~ PU-PT
PU
0 |-
118 b
HIP
—
]
1m
&
5
]
-
100 i L 1 1 1 1
) 1 2 3 4 5 6
POINT SUMMATION STATIONS
MOMENTUM
CASE | SYMBOL PROFILE TYPE DISCHARGE
COEFFICIENT
! e UNIFORM 1000
2 x LINEAR 1134
3 o STEP 1:367
4 +  |UNFORM CENTRE + BOUNDARY LAYER 1:002
5 A " 1.007
6 Y " 1011
F16.12. EFFECT OF PITOT PRESSURE PROFILE ON THE

EXIT MOMENTUM DISCHARGE COEFFICIENT

BN T il e R O s I S e AR S

e S AR e 2 AR R TH

A AT T sl sl S Y

o



The model was initially tested using a momentum discharge coefficient of 1.0 as a consequence of
the calculations made. Subsequent to testing, the engine face profile was used in the above calculation
procedure. The worst error, if the engine face pitot profile distortion applied at the exit was about
2% of the drag level. Since the venturi calibration suggested that the mass flow measurement is
insensitive to engine face distortion, then the effects of the engine face distortion on 'somentum are
also likely to be small or independent of engine face distortion. Comparative testing of aiffering
intake configurations is then practical,

The initial tests also showed that the use of bleed did not affect the drag data significantly.
This was encouraging since the change of bleed from off to on gave differing engine face distortions
and so the effect of the engine face distortion on the exit momentum was small. At a later stage of
the model testing, results of a similar model at the Royal Aircraft Establishment, Bedford became
available. Differences between these two sets of results led to a need to check the validity of the
assumptions of the exit pitot pressure profile for
the model. Two possible sources of distortion were
identified aft of the engine face. Firstly, the
S bend between the engine face and the venturi
could produce distortion. The bend was needed to
shift the duct centreline away from the sting to
allow for duct expansion. The bend is fairly
short since model length was a limitation. Secondly
the mass flow venturi could produce distortion
since the throat Mach numbers are high and again
the venturi is short because of model length
limitations.

The exit duct was fitted with the pitot and
static rake shown in figure 13. The rake carried
12 arms of pitot tubes. For each arm, 6 pitot
tubes were placed at radii corresponding to equal
area weighting and the seventh tube was close to
the duct wall to measure the effect of the boundary
layer. A central pitot was also fitted. 6 stream
statics were mounted on the rake and the wall statics
were increased from 4 to 12. The rake was arranged
80 as not to interfere with the exit throttle and
tests were carried o t in the same calibration rig
at the National Gas Turbine Establishment as was
used for the original mass flow calibration.

o

Figure 14 shows a typical pitot pressure

. 990 contour at the exit station at full flow. The

s -2400 pitot pressures and the static pressures were

x - integrated to give both mass flow and momentum.

N 6] The integration for mass flow was typically within
P =1Z of the rig mass flow which indicates that the
b ‘%203 measurements are an accurate description of the

o B0 flow. The integration for the exit momentum was

N .;ggg compared with the standard model method outlined

* above and an effective exit momentum discharge

coefficiert was calculated. Results are shown

FI1G. 14. EXIT PITOT PRESSURE CONTOUR
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in figure 15, the differing symbols representing differing distortion screens. Tests were done for a
range of engine facz distortions and the momentum discharge coefficient was correlated against an engine
face distortion parameter. The correlation has now been applied to the data reduction programme for the
wind tunnel testing.

The exit station Mach number is very significant in the degree by which the flow profile at the exit
station changes the drag data. Changes to the model at the intake end resulted in larger mass flows than
during the initial model testing so that the exit flow profile was more significant. Again, in retrospect,
the venturi and exit duct design could probably be improved. It is suggested that for this sort of test a
duct Mach number not greater than 0.3 at the venturi upstream station and at the exit station is desirable.
Also for testing at the higher freestream Mach numbers it would be practicable to incorporate flow
smoothing screcens in the ducts.

7. REPEATABILITY

An analytical approach to data accuracy was not attempted. Instead, foilowing tunnel testing, real
data was modified to simulate a variety of possible errors. This approach alluws errors typical of the
instrumentation system to be introduced. The computation of the modified data uses the established
data reduction programme and comparison of the results with the results from the unmodified data indica' ¢a
the most significant terms. Drag levels can be affected by errors in tunnel stagnation pressure
measurement and errors in the base pressure due to zero shift type errors in the scanivalve pressure
system. Drag slopes can be affected by errors in the tunnel reference pressures and by zero shift plus
sensitivity errors peculiar to the scanivalve calibrating system. Errors in the venturi discharge
coefficient have a comparatively small effect on drag level but some effect on slope. Accurate pitch
setting is required for consistent drag levels. Accurate axial and normal forces are required from the
halance as both contribute to drag when resolving the forces from balance axes to wind axes.

Datum cases are run for each phase of testing in the tunnel, The repeatability within a test
phase typically will allow configuration differentiation of the order of 17 of aircraft drag at high
subsonic speeds. The repeatability between phases is 3 times worse than typical instrumentation accuracy
should give and the causes of the non-repeatability have not been found.

The effect of bleed is to alter the engine face distortion, Additionally the total intake capture
flow is split into two streams so that the force and exit mewmeatum balance is changed. The bleed
venturis were not calibrated, a discharge coefficient being estimated from standard practice. Generally
drag data bleed on to bleed off compares to about 0.02, This agreement is considered satisfactory and
confirms that for transonic engine face distortion levels, the effects of the distortion on the exit
momentum and hence overall drag levels, is small.
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8. COMPARISON WITH THEORY
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FIG.16. PRE ENTRY DRAG AND SPILLAGE DRAG CALCULATION

Theoretically based calculations have been made according to the methods of reference 8. Figure 16
shows the calculation procedure. The throat momentum is calculated by assuming isentropic flow between
the freestream and the throat and that one dimensional flow theory is adequate. The ramp and cowl forces
are found by the integration of measured pressures. The calculations have been made for each test data
point using achieved test mass flows and pressure measurements, Figures 17 and 18 show the development
of the pre-entry drag and the spillage drag respectively. (Common practice is followed in naming the
pre-entry, ramp and cowl forces, as drag, though strictly they are only axial forces on restricted areas
of the flow model).

PRE ENTRY DRAG = MOMENTUM DIFF « g SPILLAGE DRAG = PRE ENTRY DRAG «
N RAMP DRAG ‘%' COWL DRAG
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MASS FLOW

FIG. 17. PRE ENTRY DRAG FIG. 18. SPILLAGE DRAG
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The results of the calculations have been
compared with the drag changes measured on the
model. Figure 19 shows two such comparisons,
for varying mass flow and for varying ramp
angle, The data is for a freestream Mach No. of
0.9 and small positive incidence. The agreement
is genarally less satisfactory at other Mach No's
and inci_ences. It is surprising that the
agreement is as good as it is in view of
differences between the simple one dimensional
flow model, figure 16, and the complex
3 dimensional flow patterns around such an
intake when installed on the side of a fuselage,
and in view of the limited pressure plotting
dats,

These calculations demonstrate the
importance of pressure plotting on the ramp and
cowl surfaces. The build-up of the spillage
drag shown in figures 17 and 18 is not possible
without such pressure plotting. However the
data does not allow a breakdown of where the
flow iosses which represent the spillage drag
occur. Surface flow visualisation or pitot and
static rakes in the external flow may prove
helpful for such a Preakdown.

9. TECHNIQUE COMMENT

Figure 20 shows 3 possible model systems
for the measurement of spillage drag using the
general approach of a balance mounted, whole
model rather than a balance mounted intake.
Figures 2la,b,c show typical breakdowns of the
loads for the 3 systems. The base and internal
forces would be derived from pressure
measurements in all 3 systems.

Figure 2la shows the load breakdown for
the interchangeable nozzle technique. The loads
have been estimated from the data of figure 21b
so that the comparison between the techniques
is clear. For this technique the internal force
term is small and the balance records a force
near to the required drag. This technique
therefore gives good answers if good balance
technique is available. However the method is
not compatible with production testing since
mass flow is not a mechanized variable (it is
comparabl: to doing aeroforce model testing
with fixed crank pieces between model and
support instead of a pitching mechanism). For
intake work, mass flow is the main variable
and must be mechanized. For the taking of
performance or turbulence data, fixed
interchangeable nozzles would not allow
flexibility. A mechanized variable area exit
nozzle for drag testing is yet to be designed.
No insurmountable difficulties should prevent
a 2 dimensional approach but full base
pressure plotting over the variable base area
needs to be available.
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Figure 21b shows the load breakdown for the earthed plug throttle technique as is used for the
testing described in this paper. The balance axial force aad the internal force changes are large
compared with the resultant external drag, and 80 errors can easily arise when the terms are differenced
to give external drag. Moreover, the rate of change ~f the balance and internal terms with mass flow is
very rapid at the maximum mass flow end of the curves, so that it is very easy to get considerable data
saattier in this vegion. Howewer prowided good “alénce terhinique srd pressurs measuring technique are
available, satisfactory data is obtained.

Figure 21c shows the load breakdown which might occur using an alternative, untried approach. To
vary mass flow the duct is fitted with a variable loss, internal throttle. The loads have been
estimated from the data of figure 21b, but may be dependent on the detail sizing of the exit duct and
the base areas. The rate of change of balance force and internal force with mass flow is now small
compared to figure 21b, so that the possible errnrs of slope due to differencing are minimised. The
rate of change of balance force in the range of likely mass flow is similar to the rate of change of
external drag and no very large rates of change occur near maximum mass flow. A variable loss throttle
might be readily mechanized.

Note generally, that good balance accuracy is required. However, standard 6 component balances
used for aeroforce work can be used since model size, either with stub wings or without stub wings, can
generally be larger than the aeroforce model. The data accuracy in coefficient form is then at least as
good as the aeroforce model data.
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a) INTERCHANGEABLE NOZZLE TECHNIQUE b} EARTHED PLUG THROTTLE TECHNQUE C)VARIABLE LOSS THROTTLE TECHNIQUE

FIG. 21 BREAKDOWN OF COMPONENTS FOR 3 MODEL SYSTEMS

The measurement of the transonic spillage drag of supersonic intakes involves combining balance
forces with momentum forces derived from pressure measurements. The techniques and achieved accuracies
are not well established. It is important therefore, that effort be made available for technique
development. Testing of standard intakes, developing either full pre-entry force or of known good shape,
would be useful for checking model techniques at subsonic speeds., It is also considered that the systems
outlined in figures 2la,c would be worth a trial, that is, a mechanized "interchangeable" nozzle and a
mechanized variable loss throttle.

10.  CONCLUSIONS

1. A technique is described which differentiates intake configuration drag and spillage drag
to -1 of the drag coefficient of a typical supersonic fighter aircreft at high subsonic
speed.

2. The data agrees with theoretically based calculations,

3. The technique is economic and suitable for routine testing,

4, Further technique development is desirable and proposals are made.
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AN EXPERIMENTAL INVESTIGATION OF THE COMPONENT DRAG COMPOSITION OF
A TWO-DIMENSIONAL INLET AT TRANSONIC AND SUPERSONIC SPEEDS

Clifton J. Callahant
Grumman Aerospace Corporation
Bethpage, New York 11714, USA

SUMMARY

An experimental study was performed to establish the separate drag force contributions of the principal
components of a rectangular, two-dimensional, external compression type, supersonic air induction inlet system.
Concurrently, inlet system performance was measured i{n terms of engine face total pressure recovery and spacial
flow distortion, and the possibility for tradeoff between inlet system drag and performance was explored.

A scale model of the forebody, including air inlet and duct systems, of an advanced, twin engine, strike air-
craft was employed for the study. The wind tunnel model arrangement utilized a dual-balance technique to measure
forebody and the inlet forces separately. The effects on the air induction system and vehicle forebody due to inlet
component changes and varying propulsion air flow requirement have thus been identified,

The major inlet variables in the investigation included cowling lip and sidewall seometries, boundary layer
bleed and air bypass exhaust configuration, and compreesion surface deflection schedult, Tl » wind tunnel testing
was conducted in closed circuit, continuous flow test facilities over a full range of supei-:onl .nd transonic speeds
and representative ranges of vehicle angles of attack and sideslip.

Three significant aspects of the program are addressed in this paper: inlet and vehic e configuration integra-
tion, wind tunnel model arrangement for force data measurement, and measured drag and performance results, Al-
though only incomplete experimental data may be shown at this time, the total matrix of acquired data to be published
shortly is described. These data can be broadly divided according to cowling, side wall, and bleed/bypass effects,
in ordertodisplay major trends in drag and performance for the investigated transonic and supersonic speed regimes.
It is expected that these data will provide an array of design information previously unavailable to the induction

system engineer.

NOTATION
Ac Intet cross sectional area
A . Cross sectional area of captured stream tube
CD Drag coefficient
FRL Fuselage refereace line
h Altitude
IRL Inlet reference line
M Mach mumber
Mo Free-stream mach number
Pto Free-stream stagnation pressure
Pt2 Compressor entrance stagnation pressure
Tr Sea level reference temperature
th Compressor entrance stagnation temperature
w Atrflow
a Angle of attack
B Side slip angle
) Pressure ratio, Pt,/P_
€ Compression surface deflection angle
LS Stagnation pressure recovery, ptZ/Pto
0 Temperature ratio, TtZ/Tr

+ Advanced Development Project Engineer, Supersonic Inlet Technology

e it
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1. INTRODUCTION

In meeting the challenges of the 1980's, advanced high-speed aircraft will demand the fullest utilization of
alrframe/propulsion technology. Tosaccomplish this goal, it will be essential to have the broandest possible under -
standing of the coupling between major subsystem and overall flight vehicle performance. In this regard, the
supersonic air induction system has recently attracted considerable attention. The interest has focused on develop-
ing a fuller understanding of inlet component drag composition and the coupling between component drag variations
and the installed performance of this major subsystem.

Under sponsorship of the United States Air Force a significant program t was begun in early 1872 to experimen-
Eelly evaluete the Indivlduel pootributions made by supersonle Inla sorponenls lo overall oot esslin deag A
concomitant goal of this program has been the exploration of a possible tradeoff between inlet system drag and
performance, as it affects aircraft mission effectiveness. To date, the proyram has focused on the conventional
all-external compression-type inlet system, operating in both the transonic and the supersonic flight regimes.

To adsure a realistic framework for the overall study, a representative advanced strike aircraft configuration
was established to meet the requirements of a representative strike mission scenario. The defined mission and its
range serves as the reference for the induction system/mission effectiveness sensitivity analysis, while the air-
craft configuration itself provided the basic geometry for wind tunnel model design.

This paper begins with a brief outline of the reference mission and aircraft configuration, followed by a detailed
review of the theoretical and practical considerations of the inlet design. Then, the wind tunnel model assembly is described

with particular attention given to the measurement techniques employed for pressure, mass flow and, most importantly,

inlet force, Wind tunnel testing conditions are discussed next, including the test sections, operating conditions and
model attitudes. Finally, the testing which has been completed is summarized, and some preliminary experimental
results are presented. Typical measured performance results are shown, and inlet cowling region force data are
employed to illustrate possible tradeoff alternatives for the induction system. An outline of the full data assembly
which will be made available shortly, completes the discussion.
2, BASELINE MISSION SCENARIO

The baseline mission scenario comprises the following segments (see Fig. 1):

e Takeoff and climb to best cruise altitude

e Cruise out at subsonic speed to the forward edge of the battle area

e Penetration at sea level altitude and transonic speed
e "Pop-up'" In target area, followed by combat engagement
e Climb and acceleration to supersonic speed and return dash

e Lapse to subsonic cruise, followed by loiter and landing.

{RETURN) CRUISE (RETURN) DASH
M= 85 M=28 CLiME
© 40,200 FT @ 50,000 FT
t——————— 321N M| 1236 N Wi 'ﬁfl —dm

COMBAT
2MIN, MAL A/B
M = 1.6; 16,000 FT

CRUISE {OUT)
@M =086 oM=12
CLIMB 34,400 FT EL.
In—ua.mm—-- BIINM e ot SO0NMI -

Fig. 1 Baseline Mission Scenario
tContract ¥33615-72-C-1160



;
|
i

=

43

As will be discussed subsequently, cach of the mission speed regimes represents a wind tunnel test condition
for the experimental program. Sustained flight at each of the prime Mach numbers was important to the selection of
the mission scenario in order to give meaning to the subsequent inlet/mission sensitivity analyses. The baseline
radius of action (approximately 380 nautical miles) was dictated by model/wind tunnel constraints which restricted
e besic alrernft slee, The dlatances fur ench segment of e migsion are the result Of detailed Alght performeance
computation for the bas« ine aircraft,

3. BASELINE AIRCRAFT DESIGN

3. 1. Basic Configuration

As (lustrated in Fig. 2, the baseline aircraft configuration i{s a twin-jet tactical vehicle utilizing rectangular,
two-dimensional air induction systems located close to the vehicle fuselage. The inlets are positioned near the mid
waterline plane, falling below and blending Into the wing upper surface, with horizontally oriented compression
surfaces,

Fig. 2 Baseline Aircraft

The aircraft has a gross take off weight of 75,000 pounds, which includes a maximum fuel capacity of 29, 700
pounds. The aircraft was sized to meet all requirements of the baseline mission, including specific excess power
requirements, utilizing a 125 psf wing loading and a thrust loading equal to . 65.

Alrcraft propulsion is provided by two augmented advanced turbofan engines sized for F* = 24,400 pounds sea
level static thrust. For the sustained spced regimes of the baseline mission, each engine has the corrected airflow
requirements shown in Table 1. This schedule is used subsequently to define engine/inlet match point performance
levels from the experimental results,

L3
Table 1 Corrected Airflow Requirements For

Each Engine
Air Flow (W V0/5)
Mach No. Altitude, ft Ib/sec
25 50,000 110
1.6 16,000 147
1.2 Sea Level 158
0 Sea Level 156

3.2 Inlet/Air Frame Integration

A number of studies (e.g., Ref 1-3) have been conducted to investigate the effect of forward fuselage geometry
and protuberances ~n the quality of the local flow fleld approaching the supersonic atr induction system entrance
plane, The effecis on both inlet system performance and on compressor face flow distortion have been extensively
explored. As a 1esult of these studies, inlet/fuselage design criteria have been established, espectially for the
tactical fighter class of aircraft, to assist in avoiding serious inlet system performance penalties.

During aircraft configuration evolution for this program, low fuselage flow field interaction on the inlet sys-
tems was emphasized. Thus, the forebody shape and the position of the inlets were modified according to the re-
sults of detailed flow fleld analyses.. For this purpose, the inlet leading edge station flow fields produced by candidate
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fuselage forebody/canopy configurations were examined in detail using an inviscid, three-dimensional flow field com-
putational technique developed for supersonic flow by Moretti (Ref 4). The numerical procedure employs a forward
marching, finite difference scheme of second-order accuracy to integrate the governing Euler equations in each

region of continuous flow; and across discontfnuities, which include both leading and imbedded shock waves, the Rankine-
Hugoniot relations are fully satisfied. By using conformal mapping of body cross-sectional shapes from the physical
plane in to transformed computational planes, the method permits accurate flow field prediction for even very com-

plex geometries.

To achieve a satisfactory flow field environment at the inlet system entrance, it was necessary to modify the
forward fuselage shape and to relocate the inlet capture zone relative to the fuselage. (See Fig. 3.) Fig. 3a shows
reduction in both local flow angle of attack and sidewash angle accomplished by simple fuselage geometry changes.
These included increasing nose droop angle from 6° to 9° and increasing fuselage nose semi-vertex angle from 18, 5°
to 20.5°% Fig. 3b illustrates the effect of inlet capture zone relocation. The inlet is lowered relative to the canopy/
fuselage shoulder line and the shoulder has been ''softened'. In addition, fuselage bottom corners were softened
moderately to reduce inlet flow field degradation with increasing vehicle angle of attack. The induction system
relocation yielded a further reduction in local flow sidewash and downwash due to the airframe canopy. The
remaining downwash naturally had to be considered in the design of the forward compression surface of the inlet.

4,  MISSION SENSITIVITY ANALYSIS

The mission sensitivity analysis was conducted in order to be able to assess the impact of changes in inlet
pressure recovery and inlet drag on mission effectiveness in terms of incremental range changes. The analysis in-
volved the baseline alrcraft design (Fig. 2) e juipped with moveable surface, two-dimensional, all-external compres-
sion type inlet systems. The inlets were sized to provide full-scale capture areas of 1020 square {nches each,

G-umman's digital computer codes were used to provide installed propulsion system performance and overall
aircrai. flight performance., To facilitate the analysis, a basic alrcraft polar and baseline inlet performance param-
eter's were derived analytically. The basic un-installed powerplant data were obtained from data packages for ad-
vauce engines, supplied by Pratt and Whitney Aircraft, In addition to accounting for induction system effects, the
basic propulsion data were corrected to account realistically for engine air bleed, power extraction, and exhaust
nozzle performance and drag.

The methodology for the sensitivity analysis began with the establishment of detailed baseline mission per-
formance as reflected in the mission profile (Fig. 1), Next, inlet performance and inlet drag levels were perturbed
separately, over suitable intervals about their baseline levels, for each independent segment of the mission profile,
For each parameter variation, mission total range was re-evafuated holding the penetration leg distance and combat
time at their baseline values. The remaining mission leg distances and the overall mission range thus resulted as
"fallout' from the computations.

The computed sensitivity of mission range to induction system pressure recovery performance and drag level
is shown in Fig. 4 and 5, respectively. The inlet parameter peiiurbations are taken as variations about the cor-
responding baseline values, As shown, the impact of both inlet parumeters is greatest during the seal level penetra-
tion dash at transonic speed. This is not a surprising result. For the combat segment, range decreases with in-
creasing inlet pressure recovery performance, due to the increase in fuel flow at fixed (maximum reheat) engine
power setting; but the inlet drag variation has no effect on range because this is a fixed power setting condition
rather than a matched thrust/drag flight condition.

5. INLET DESIGN

The baseline inlet for the investigation, is a rectangular, two-dimensional all-external compression desigi. with
three external compression surfaces, (Fig. 6). The initial compression surface is fixed and the inlet cowling is
fixed, ylelding a conventional constant capture area induction system design. The second and the third external
compression surfaces together with the subsonic diffuser ramp may be rotated independently about their respective
hinge axes. Inboard and outboard side +:alls are provided to control lateral flow spillage from the inlet, Finally,
the design embodles a bleed/bypass slot located just downstream from the cowl closure station, for the purpose
of boundary layer and excess flow management, The throat slot flow is connected via a plenum regicn to a fully
articulated convergent exit door located at the aircraft wing top surface,

Typical design methodology for the conventional inlet involves the basic selection of compression surface
lengths and surface deflection schedules which provide optimum performance with no shock wave or vertex sheet in-
gestion, Consideration is also given to achieving favorable viscous flow and interaction behavior. Because of the
exploratory nature of the present induction system investigation, however, the inlet was also designed for operation
with compression surface deflection schedules that would have functional dependence on aircraft angle of attack
as well as on flight Mach number, In this paper the schedules are denoted as variable schedule |F(a;M )j and
fixed schedule [gg(Mo)] ; °

Although ramp deflection schedule selection for the supersonic inlet is certainly straight forward, it is perhaps
worth while to point out the simple graphical approach used here. The Mach 2.5 flight condition is used to illustrate
the approach. A carpet p'at for inlet supersonic pressure recovery is constructed using the angular deflections of
the second and third compression surfaces as arguments. (See Fig. 7.) Superimposed on the plot is the locus of
total supersonic turning above which shock wave detachment should be anticipated. The basic plot is nothing more
than the well known Oswatitsch result; however, it is apparent that alternate schedule choices and tradeoff
possibilities can be readily seen.

Following the approach illustrated in Fig. 7, optimum compression surface deflection schedules were selected
over an angle-of-attack range from -3°to +10°, In this manner, the variable compression ramp schedule was
established at each flight Mach number of interest. At the same time, the deflection schedules corresponding to
zero angle of attack at each Mach number established the so called fixed compression surface schedules, Next, a
Grumman digital computer code (Ref 5) was used to select compression surface lengths for minimum additive
drag while rigorously avoiding either vortex or shock wave ingestion over the prescribed angle of attack range.

range,
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: Figure 8 shows the theoretical shock wave structure at the Mach 2.5 design point and the extremes of op-

erating angle of attack. As may be seen, significant shock-wave-generated flow spillage is predicted for the
inlet at zero degrees angle of attack. The high spillage results directly from the compromise made necessary in
Inlet cowl leading edge positioning in order to accommodate the variable compression schedule requirement. This
was not considered to be a serious performance constraint, however, since increases in inlet capture ratio
(Ao/Ac) would be attainable at only small expense in pressure recovery performance. (See Fig. 9.)

6. WIND TUNNEL MODEL DESIGN

The general arrangement of the wind tunnel model is shown in Fig. 10. The actual model assembly is a
1/6,43 scale representation of the forebody and canopy of the baseline aircraft together with complete twin super-
sonic air induction systems. (See Fig. 11 and 12,) The overall model assembly is supported by means of &
central sting, and the inlets are connected to separate exhaust ducts which he.use the plug valve assemblies used
for inlet mass flow regulation.
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